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PREFACE

This two-part document contains text and figures for the papers presented
at the Symposium on Transonic Unsteady Aerodynamics and Aeroelasticity — 1987,
held at the NASA Langley Research Center on May 20-22, 1987. The Symposium,
which reviewed the subject area, was the third such meeting at Langley. The
previous workshops were held in 1980 and 1983 and were an outgrowth of a meet-
ing held at Columbus, Ohio in 1978 to assess the state of unsteady aerodynamics
for use in transonic flutter analysis.

The papers were grouped in five subject areas, which may be described
broadly as:

(1) Transonic small disturbance (TSD) theory for complete aircraft
configurations

(2) Full potential and Euler equation methods

(3) Methods for vortex and viscous flows

(4) Aeroelastic applications

(5) Experimental results and cascade flows

The decade since the Columbus meeting has seen the wide acceptance of
computational fluid dynamics methods for transonic aeroelastic analysis. 1In
1978, calculations with the TSD methods for two-dimensional airfoils (espe-
cially the NASA Ames LTRAN code and its derivatives) were well established,
and the USAF Flight Dynamics Laboratory had initiated development of the first
TSD code (XTRAN3) for three-dimensional wings. As demonstrated in the papers
from the 1987 meeting contained herein, the TSD methods (the NASA Langley
CAP-TSD code in particular) can now be applied to the aeroelastic analysis of
complete aircraft. Methods suitable for situations in which small disturbance
theory is inadequate are being aggressively pursued.

Future research should follow three main paths:

(1) Development of more exact methods using the full potential, Euler,
and Navier-Stokes equations

(2) Evaluation of the TSD methods by detailed comparison with more
exact methods and experiment

(3) Detailed pressure measurements and flutter tests on well-defined
aeroelastic models.

Samuel R. Bland
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OUTLINE

The presentation (Figure 1) will be broken into two areas: (1)
transonic unsteady aerodynamic development of the XTRAN3S code and (2) some
other aeroelastic research and development within the Structures Division
(Air Force Wright Aeronautical Laboratories, Flight Dynamics Laboratory).
The first area will cover historical development of the XTRAN3S progranm,
the Joint AF/NASA unsteady aerodynamics program to expand and improve this
code, and the new efforts for applications and improvemeats of XTRAN3S.

The second area will cover three aeroelastic research and development
efforts that may be of interest to this group. These efforts are (1) an
Analog and Digital Aeroservoelasticity Method called ADAM, (2) an Automated
STRuctural Optimization System called ASTROS, and (3) a new effort for
1mproved flight loads predictions.

e TRANSONIC UNSTEADY AERO DEVELOPMENT - XTRAN3S

o HISTORICAL DEVELOPMENT
o JOINT AF/NASA PROGRAM
o CURRENT RESEARCH AND APPLICATIONS

e AEROELASTIC RESEARCH AND DEVELOPMENT

o ANALOG AND DIGITAL AEROSERVOELASTICITY
METHOD

o AUTOMATED STRUCTURAL OPTIMIZATION
SYSTEM

o FLIGHT LOADS PREDICTION METHOD

Figure 1



ORIGINAL PAGE IS
OF POOR QUALITY
HISTORICAL DEVELOPMENT OF XTRAN3S

Figure 2 gives a roadmap showing the development of the XTRAN3S code,
In 1974, Ballhaus and Steger published a report (NASA TM X-73,082) on fully
implicit finite difference schemes for 2-D unsteady transonic flows that
permitted time step selection based on accuracy rather than stability
considerations., This led to the development of the LTRAN2 code which used
a conservative, implicit finite-difference algorithm to integrate the
non-linear, low-frequency, transonic, small-disturbance equation in time,
The XTRAN3S (eXact TRANsonic 3-dimensional aerodynamics with Structural
effects) code is an extension of the Ballhaus/Goorjian procedure used in
LTRAN2., The XTRAN3S code was developed by Boeing under an AFWAL contract,
Both NASA Ames and Langley provided valuable consultation during the
contract and worked to extend and improve the code,

In 1985, a joint AFWAL and NASA (Ames and Langley) effort was initiated
to extend and improve XTRAN3S and to explore promising long-term computa-
tional fluid dynamics (CFD) methods. All agreed to work to achieve a code
to satisfy the needs of future Air Force fighters by the 1989 time period.
The next few charts will give more details on each participant's efforts
on XTRAN3S. Details of current applications and research will also be
presented on a later chart. '

NASA Langley's efforts on XTRAN3S and their in-house research with
Approximate Factorization (AF) algorithms led to the recent development of
their transonic small disturbance code called CAP-TSD., There will be
several papers presented at this symposium on this code,

70 75 80 85 90

2-D UNSTEADY
TRANSONIC ALGOPITHM
(STEGER & BALLHAUS) CAP-TSD

NASA AMES —

NASA LANGLEY

LTRANZ DEVELOPMENT
(BALLMHAUS & GOORJIAN)
NASA AMES

XTRAN3S
APPLICATIONS
AND RESEARCH

AFWAL

XTRAN3IS DEVELOPMENT
AFWAL/BOEING l

JOINT AF/NASA
UNSTEADY AERO PROG

oo AFWAL

BOEING

NASA AMES
XTRAN3S (MPROVEMENTS -NASA LANGLEY
AND APPLICATIONS

AFWAL
NASA AMES
NASA LANGLEY

Figure 2



JOINT AFWAL, NASA LANGLEY, NASA AMES EFFORT

AFWAL

The XTRAN3S code has been used at AFWAL for steady and unsteady
aerodynamic calculations and for dynamic aeroelastic analysis. Tigure 3
lists some of past and on-going efforts with XTRAN3S at AFWAL. In-house
unsteady aerodynamic applications have been made for the LANN wing, F-5
wing, and F-5 wing with control surface. Presently, W. Sotomayer is
investigating non-reflective far-field boundary conditions for XTRAN3S.
Another on-going effort involves aercelastic caleculations for the Cornell
45 degree swept wing which will . bé discussed in more detail on the next
chart.

XTRAN3S Applications and Improvements

AFWAL FDL In-House
o F-5 'Wing and Wing-Control Surface
e LANN Wing
e Non-Reflecting Boundary Conditions
e Aeroelastic Calculations for Cornell Wing

Figure 3



ORIGINAL paGE
IS
OF POOR QuALITY

AEROELASTIC CALCULATIONS FOR CORNELL WING

Subsonic and supersonic aeroelastic calculations have been conducted

by AFWAL for the Cornesll 45° Swept Wing shown in
‘gynamically similar models of different mass and
Cornell Aeronautical Laboratory in 1956, and the

trend versus Mach number for various mags ratios

The results of this in-house effort by Pendleton
presented at the ATAA Aircraft Design Conference

Figure 4. A set of
stiffness was tested by
non-dimensional flutter
are shown in the figure.
and Prench will be

in September 1987.

Transonic aercelastic calculations are underway using the XTRAN3S
code. The linear and nonlinear XTRAN3S calculations at M=0.8 agree very
well with the doublet lattice predictions and with test data. Additional
calculations will be pecrformed in the range of M=.95 to M=1.13 to define

the transonic dip and to compare with test data.
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JOINT AFWAL, NASA AMES, AND NASA LANGLEY E¥FORT

NASA Ames

NASA Ames has been active with the XTRAN3S program since its early
development. An outline of their efforts is presented in Figure 5. Their
applications include ¥-5 wing and F-5 wing with tip store, seroelastic
analysis of the B-1 wing, and other analyses for research configurations.
Inder a NASA Ames contract, Boeing developed the procedure for including
inviscid/viscous interaction for three-dimensional transonic flow. NASA
Ames developed algorithm improvemeats and gridding for wing/tip store aad a
full-volume fuselage capability. Supersonic boundary conditions were
recently added to the XTRAN3S code by NASA Ames.

XTRAN3S Applications and Improvements

NASA Ames

Applications (B-1, F-5, etc.)
Algorithm Improvements
Wing/Tip Store Capability
Full-Volume Fuselage Capability

Supersonic Capability

Figure 5



JOINT AFWAL, NASA AMES, AVD NASA LANGLEY EFFORT

NASA Langley

As shown in Figure 6, NASA Langley has also been very active in the
application and improvement to the XTRAN3S code. Their applications
include the F-5 wing, RAE wiung-fuselage, w1ng/ganard, and several research
wings. Their improvements include algorithm development, wing/fuselage
capability, and wing/tail or canard/wing capability. They have also
provided programmer support and managed the Boeing contract for
wing/pylon/nacelle capability. Presently they are working on the
development and validation of their new code called CAP-TSD (ComputatLonal
Aerocelasticity Prograa - Transounic Small Disturbance), utilizing an
Approximate Factorization (AF) scheme.

XTRAN3S Applications and Improvements

NASA Langley

e Applications (F-5, RAE Wing-Fuselage, Wing/Canard, etc.)
e Algorithm Improvements

e Wing/Fuselage and Wing/Tail Capability

e Boeing Contract for Wing/Pylon/Nacelle Capability

e Programmer Support

Figure 6




CURRENT RESEARCH AND APPLICATIONS

In June 1986, AFWAL initiated a PRDA (Program Research and
Development) for applications and improvements to XTRAN3S. We anticipate
three contracts will result from this PRDA (Figure 7). One contract will
involve improved unsteady calculations using available experimental
pressure data. The second contract will integrate existing capabilities
for wing/fuselage, wing/pylon/nacelle, and supersonic analysis into an
improved version of XTRAN3S. Applications to a fighter with stores and a
transport configuration will be performed to validate this code. The

third contract will involve applications of both XTRAN3S and CAP-TSD to a
fighter configuration with flight test data.

e UNSTEADY PERTURBATIONS AROUND AN
EXPERIMENTAL MEAN

e XTRAN3S INTEGRATION, IMPROVEMENT, AND
APPLICATION

WING/FUSELAGE
WING/PYLON/NACELLE
SUPERSONIC

A-6 AND TRANSPORT APPLICATION

o O O O

e XTRAN3S AND CAP-TSD (NASA LANGLEY)

APPLICATIONS AND COMPARISON WITH TEST FOR
FIGHTER CONFIGURATIONS

Figure 7



AEROSERVOELASTICITY

Structural dynamics, flight controls, and unsteady aerodynamics are
independent techunologies for the purpose of research, but for modern
aircraft design, early simultaneous consideration of these disciplines is
necessary to prevent aeroservoelastic problems. Without early interaction
between these technologies (Figure 8) in the design process, aircraft with
high~gain flight control systems may be driven unstable as a result of the
feeding back of structural displacements. Several fighters, bombers, and a
target drone have experienced such aeroservoelastic problems. Currently,
extensive analyses and tests are required to prevent adverse control
system/structural interactions. Aircraft design trends indicate that
vehicles of the future will be even more flexible, emphasizing the need for
integrated design and analysis procedures to obtain the desired
performance.

AER ELASTIC
© AEROELASTIC

Figure 8
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ANALOG AND DIGITAL AEROSERVOELASTIC METHOD (ADAM)

The Flight Dynamics Laboratory is developing techniques to analyze
aircraft with either analog or digital flight control systems and is
incorporating these into a new in-house analysis computer program called
ADAM (Analog and Digital Aeroservoelasticity Method). The objectives of
this effort are to improve the in-house capablllty for performing analyses,
to develop the capability to audit ongoing aircraft development programs
and to enable the evaluation of proposals of advanced aircraft designs from
an aeroservoelastic consideration. A secondary objective is to establish a
closer working relationship and to improve communication among structural
dynamics, controls, and aerodynamics engineers.

ADAM ig capable of analyzing the aeroservoelastic characteristics of
complete aircraft in either the longitudinal or lateral/directional modes.
The program is currently operational and will be continually improved to
add the most desirable features for performing aeroservoelastic analysis.
ADAM is now capable of analyzing aircraft stability for analog
multi-input/multi-output (MIMO) control systems and for digital systems to
a limited extent. The program is being modified to fully account for
digital systems. For analyses involving analog control systems, classical
root locus criteria are employed. If a digital control system is involved,
discretization techniques are used. Figure 9 presents the operational flow
diagram for ADAM.

GENERALIZED MASS
GENERALIZED STIFFNESS § LEVEL | CONTROL SYSTEM

e —

INPUT TRANSFER FUNCTIONS

GENERALIZED DAMPING ——

GENERALIZED
AERODYNAMICS

FITS
PADE FI LEVEL N BODE PLOTS OF
AERODYNAMIC PLOTS DATA PREP TRANSFER FUNCTIONS
LEVEL i
S-PLANE ROOT LOCUS Z-PLANE OT LOCUS
SOLUTION RO

FREQUENCY RESPONSE

TIME HISTORY
SENSOR NOISE

LEVEL WV
o amuaTion _

GUST RESPONSE

Figure 9



DEVELOPMENT OF AN "AUTOMATED STRUCTURAL OPTIMIZATION SYSTEM' (ASTROS)

algorithms and proven multidisciplinary analysis programs with the latest

computer software advances. The resulting state-of-the-art structural

design tool can help meet performance requirements of future aerospace

vehicles with the payoff in least weight and/or cost. A procedure for

preliminary structural design or modification of aircraft and spacecraft is
{ being developed.

|

!

|

} The goal of this effort (Figure 10) is to combine modern optimization
|

|

!

ASTROS

AIR FORCE

STRUCTURAL
OPTIMIZATION

SYSTEM

Figure 10

11



12

AUTOMATED STRUCTURAL OPTIMIZATION SYSTEM

The computer code for Automated STRuctural Optimization System
(ASTROS) has an executive system and an engineering data base management
system to support six technical (engineering) modules (Figure 11), The
engineering modules include Structures and Dynamics, Air Loads (Subsonic
and Supersonic), Aeroelasticity, Sensitivity Analysis, Optimization, and
Control Response,

The Structural Analysis is based on the finite element method,
incorporating static and thermal loads, buckling analysis, eigervalue
analysis, and dynamic response., The Air Loads module calculates static air
loads using Woodward aerodynamics, The Aeroelasticity module calculates
the unsteady aerodynamic forces uging the subsonic doublet lattice and
supersonic potential gradient methods, and calculates flutter speed using
the p-k method, In addition to flutter, ASTROS can consider static
divergence, control surface effectiveness, and roll effectiveness as design
criteria, The goal of the Optimization module is to produce an optimum
design starting from an arbitrary initial design, while satisfying all the
requirements imposed by the constraints. The Control Response module
determines the structural response to control input for the final design.

ASTROS is currently being tested in-house in anticipation of the final
code delivery in March 1988, The program is proving useful not only for
structural optimization, but also for its capability to do any combination
of static or dynamic structural analysis, air loads, or flutter in an
analysis mode,

Engineering Disciplines

Sensitivity Analysis

Optimization Techniques

Control Response

Figure 11



FLIGHT LOADS PREDICTION METHODS FOR FIGHTER AIRCRAFT

The prime motivator that has led to the significant progress in
Computational Fluid Dynamics (CFD) for aircraft has been the desire to
accurately predict aerodynamic flow field so that aerodynamic performance
can be improved and accurate prediction of 1ift and drag can be obtained,
These same advances can improve predictions of structural loads, :

The objective of this effort is to apply advanced CFD methods to
structural loads calculations (Figure 12), These advanced CFD methods are
needed at high angles of attack where separation may occur and in the
transonic flight regime where shock waves may significantly affect the
loads. The approach is to utilize a proven CFD method coupled with finite
element structural analysis software so that loads can be calculated for an
elastically deformed structure.

Lockheed-Georgia was the winner of this competitive procurement., The
3~year contragt is expected to start in May 1987. The CFD method that
Lockheed will use is a full Navier-Stokes flow solver in conjunction with a
grid generator that will generate grids about realistic 3-dimensional
aircraft, Five (5) months after contract start, Lockheed will deliver an
interim version of the software which will calculate the flow field about
rigid generic wing/body combination. This will be run on the Cray XMP 12
at Wright Patterson and the Cray XMP 48 at NASA Ames., The AFWAL contact is
Mr Elijah Turner, (513) 255-6434 or Autovon 785-6434,

OBJECTIVE: DEVELOP CFD AEROELASTIC LOADS
ANALYSIS CODE FOR SEPARATED FLOW

e FULL NAVIER-STOKES
e 2ND-ORDER ACCURATE STEADY/UNSTEADY
e 3-D AIRCRAFT

APPROACH:

e COUPLE EXISTING CFD FLOW SOLVER WITH FINITE
ELEMENT STRUCTURAL ANALYSIS SOFTWARE

e VALIDATE CODE

ANTICIPATED COMPLETION: MAY 1990

Figure 12
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CONCLUDING REMARKS

An efficient and accurate transonic unsteady aerodynamic method is
needed for predicting flight loads, flutter, and aeroservoelastic stability
for advanced aircraft. There have been new developments and many
improvements to older codes, XTRAN3S which was featured at the last
workshop, has been improved and will be a useful code for the near-term,
However, to predict th unsteady aerodynamics for high performance
maneuvering aircraft, the Euler/Navier-Stokes codes must be extended and
improved for complex three-dimensional configurations. The long-term goal
is development of Euler/Navier-Stokes unsteady aerodynamic methods for
aeroelastic analysis (Figure 13).

e AN EFFICIENT & ACCURATE TRANSONIC UNSTEADY
AERO METHOD IS NEEDED FOR ADVANCED AIRCRAFT.

e XTRAN3S WILL CONTINUE TO BE USED IN THE NEAR-
TERM.

e AN AIR FORCE LONG-TERM GOAL IS DEVELOPMENT
OF EULER/NAVIER-STOKES UNSTEADY AERO METHODS

FOR AEROELASTIC ANALYSIS.

Figure 13
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SUMMARY

This paper will summarize recent work that has been performed under

a NASA Langley Contract NAS1-17864, "Additional Development of the XTRAN3S
Computer Program." Work on this code, for steady and unsteady aerodynamic
and aeroelastic analysis in the transonic flow regime, has concentrated in
four areas:

1) Maintenance of the XTRAN3S code, including correction of errors,
enhancement of operational capability, and installation on the
Cray X-MP system at Wright-Patterson Air Force Base;

2) Extension of the vectorization concepts in XTRAN3S to include
additional areas of the code for improved execution speed;

3) Modification of the XTRAN3S algorithm for improved numerical
stability for swept, tapered wing cases and improved computa-
tional efficiency;

4) Extension of the wing-only version of XTRAN3S to include pylon
and nacelle or external store capability.

® MISCELLANEOUS PROGRAM CORRECTIONS & ENHANCEMENTS
® IMPROVED VECTORIZATION OF XTRAN3S
® ALGORITHM IMPROVEMENT

@ DEVELOPMENT OF WING/PYLON/STORE CAPABILITY



MISCELLANEOUS PROGRAM CORRECTIONS

This figure lists the various UPDATE correction sets for correction of .errors
in the XTRAN3S code. These correction sets are to be applied to BCS
Version 1.6 (equivalent to Langley Version 1.5) of the XTRAN3S code.

UPDATE NAME FUNCTION
- EXTLOFT CORRECTS LOFTING PROCEDURE FOR EXTRAPOLATION

OF AIRFOIL DATA
VISCORR CORRECTS ERROR IN WEDGE PARAMETER DEFINITION
FIXPROMAT CORRECTS DATA INPUT ERROR FOR INERTIA MATRIX

MISCFIX CORRECTS GEOMETRY DEFINITION ERROR, MODIFIES
CPRESS AND CFOMO TO ACCOUNT FOR MODIFIED GRID,
AND VARIABLE DIMENSION ERROR IN ZSWEEP

ENCODE CORRECTS LABELING ERROR IN TIME HISTORY OUTPUT
VECTCORR CORRECTS INITIALIZATION ERROR IN VECTORIZATION
PARMGEO PROVIDES VARIABLE DIMENSION FOR NUMBER OF

POINTS ON AIRFOIL

17



MISCELLANEOUS PROGRAM ENHANCEMENTS

This and the following figure 1ist the UPDATE correction sets for
improvement of XTRAN3S operational features. This group of correction
sets, plus the previous list of error correction modifications, constitute
upgrade of the XTRAN3S code from Version 1.6 to Version 1.10.

UPDATE NAME
BCS17

CONTROL

INVERR

- TASKCORR

INTEQM

18

FUNCTION

ALLOWS ALTERNATE INPUT FILE FOR
AEROELASTIC DATA AND ADDS
SELECTIVE DEGREE-OF-FREEDOM MATRIX

ADDS 2 SOLUTION TASKS:
(A) STATIC RIGID ANALYSIS WITH
CONTROL SURFACE DEFLECTION
(B) STATIC AEROELASTIC ANALYSIS WITH
CONTROL SURFACE DEFLECTION

ADDS OUTPUT OF AEROELASTIC DATA

UPDATES DOCUMENTATION AND LOGIC FOR
CONTROL UPDATE

ADD OPTION FOR INTEGRATION OF EQUATIONS
OF MOTION FOR ZERO AIRFORCES



UPDATE NAME
NEWBL

SHOCKFIX

VERS110
WRTWRNS
WPAFB1

WPAFB2

MISCELLANEOUS PROGRAM ENHANCEMENTS (continued)

FUNCTION

REMOVES EFFECT OF SHOCK SWEEP ON
BOUNDARY LATER CALCULATION

PROVIDES PROPER SHOCK PLACEMENT
FOR NEWBL

UPDATES PROGRAM BANNERS TO VERSION 1.10
ADDS ADDITIONAL ERROR DIAGNOSTICS

UPDATES FOR INSTALLATION AT WPAFB.

19




20

IMPROVED VECTORIZATION OF XTRAN3S

The original version of XTRAN3S was developed using the CDC 7600 computer.
During the code development period, advanced vector machines, such as the
VPS-32 and CRAY-1S and Tlater the CRAY X-MP became available. The code was
adapted to operate on these machines, but only minimal changes to the code"
were performed to take advantage of "implicit" vectorization, i.e., those
portions of the code that could easily be adapted to vector computation
through the existing nature of the computational algorithm.

Later studies with a pilot code version of XTRAN3S, operational on the
CRAY-1S, showed that at least a factor of two improvements in computational
efficiency could be achieved by rearrangement of operations to permit a
larger degree of implicit (or automatic) vectorization. (This represents a
speed-up factor of almost five compared to an unvectorized or scalar code
operating on the same machiné.) These concepts are generally applicable,
but not directly transportable, to the VPS-32 version of the code, since
VPS-32 requires longer vectors than the CRAY-1S to achieve improved
efficiency when compared with scalar computations. The improved
vectorization scheme has now been implemented on the CRAY X-MP in Version

1.10 of XTRAN3S.

In this section of the presentation the original algorithm will be
described with respect to its implications for vectorization. Then the
modifications necessary to achieve a higher degree of vectorization on the
CRAY X-MP will be discussed.

m
—
N
4
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ORIGINAL ALGORITHM STORAGE SCHEME (Version 1.5)

In the original version of XTRAN3S, the equations for the X-sweep are
solved sequentially for each Y mesh point, with a constant Z mesh point
Tocation. Thus for the default values of Ny = 60, Ny = 20, N7 = 40,

20 equations of length 60 are solved for each X-Y plane. Then, for the
same X-Y plane, the Y-sweep equations (60 equations of length 20) are
solved sequentially in the downstream (increasing X) direction due to the
presence of the backward spatial or "upwind" difference approximation to
oéxt. This process is then repeated for the next X-Y plane in the
increasing Z direction. The Z-sweep is performed by accessing the data,
formulating the equations, and solving for each X-Z plane sequentially in
the increasing downstream direction, with the process then repeated for the
next plane in }he increasing n direction._ Since solutions of the Z-sweep
equations, ¢N*l, are dependent on ¢N, oN-1 and the solution of the Y-sweep
equations ¢, but not on the solutions to the X-sweep equations, ¢ need not
be stored in a three-dimensional array.

A
i
n* -~
¢ —
X-SWEEP
SOLVE 20 EQUATIONS OF LENGTH 60
REPEAT 40X
{EQUATIONS ARE INDEPENDENT)
i
| k
4
i
Y-SWEEP Py ~*
~ | ———
SOLVE 60 EQUATIONS OF LENGTH 20
RAEPEAT 40X
i (EQUATIONS ARE DEPENDENT-MUST BE
SOLVED SEQUENTIALLY IN i DIRECTION)
k
h , P
~
- Y ‘n*l
£ L ‘n-l
Z.SWEEP A1 T
[ *
|
4 SOLVE 60 EQUATIONS OF LENGTH 40
R REPEAT 20X
! {EQUATIONS ARE DEPENDENT—MUST BE
SOLVED SEQUENTIALLY IN i DIRECTION)

*30 STORAGE REQUIRED - 3 LEVELS = 144,000
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MODIFIED ALGORITHM STORAGE SCHEME (Version 1.10)

For the CRAY X-MP, the scheme illustrated in this figure has been adopted.
For the X-sweep, data is accessed for each Y-Z plane (rather than each X-Y
plane), and vectorized solution is performed in the Z direction, i.e., each
step in the solution is a vector operation of length 40. This is then
repeated for the next Y-Z plane, and the intermediate result ¢ is stored in
a three-dimensional array. For the Y sweeps, the data is accessed in the
Y-Z ptanes, and a vectorized solutjon of length 40 is again performed in
the Z direction, with the results ¢ stored in a three-dimensional array.
Finally, the Z-sweeps are performed as a vectorized solution of 1ength 20
in the Y direction, and the advanced values of the potential ¢N*l are
stored in place of the values ¢" at the previous time step. It should be~
noted that four three-dimensional "levels" of storage, oM, ¢!, ¢ and ¢
are required for this scheme, compared with three for the original scheme.
In addition, however, nine additional three-dimensional arrays for vector
equation coefficients and right-hand sides have been stored to improve
efficiency and decrease the amount of re-calculation required. For the
default mesh, the amount of storage for three-dimensional arrays has
increased from 144,000 to 624,000. The total storage requirement has thus
increased from about one-half million words to over one million words.
Because of the larger amounts of storage available on both the CRAY X-MP
and VPS-32, compared to the CDC 7600, this has caused no difficulty.

4

X-SWEEP

SOLVE 1 VECTOR EQUATION
(VECTOR LENGTH 40)
REPEAT 20X

(VECTOR LENGTH 40)
’ REPEAT 60X

— % 7/ -
/
/ / ‘ SOLVE 1 VECTOR EQUATION
Z
7

AN

L4 ]

—

* e2 .
?

2.SWEEP / © - =7

, SOLVE 1 VECTOR EQUATION
s IVECTOR LENGTH 20}
L REPEAT 60X

I | .

*3.0 STORAGE REQUIRED - 4 LEVELS + 9 COEFFICIENTS = 624 000 ORIGINAL PAGE IS
OF POOR QUALITY



VECTORIZATION OF NASA WING-BODY MODIFICATION

This figure shows the improvements that can be achieved by careful attention
to the use of vectorization concepts. The NASA-Langley developed wing-body
modification update was installed in both the standard Version 1.5 and
improved Version 1.10. Due to the use of conditional branching within
computation loops (DO-loops), vectorization was inhibited. Version 1.5
took more than twice as long to run a wing-body case as a wing-alone case
with the same dimensions, and Version 1.10 took more than three times as
Tong. (The unmodified Version 1.10 runs more than twice as fast as Version
1.5). When the conditional branches were eonstrained to the outside of
computation loops, permitting vectorization to occur, considerable speed-up
was achieved. A wing-body case can now be run using Version 1.10 with only
an increase of 4% over the cost of a wing-alone case. These constraints
~are applied in all the modification of XTRAN3S described below.

VERSION/CASE WING ONLY WING-BODY
1.5 1.0 -
1.5 + W-B 1.05 2.18
1.10 A3 -
1.10 + W-8B 1.69 1.744
1.10 + W-B .43 45
(VECTORIZED)

(NORMALIZED CP SEC/ITERATION)

23



XTRAN3S ALGORITHM IMPROVEMENT

The XTRAN3S code solves the modified transonic small disturbance equation
shown in this figure. After transforming the wing planform in Cartesian

Coordinates (X, Y, Z) to a rectangular region in computation coordinates

(¢, n, ), the equation appears as shown below.

The underlined terms originate with the spanwise (Y-dependent) or cross
(X-Y dependent) terms of the original equation, Géyp and gy+Hoyey. The
non-underlined terms depend only on original streamwise or norma
derivatives. In the XTRAN3S algorithm, the original spanwise term Goyp was
split into streamwise and transformed normal components. These terms were
then treated separately with the streamwise component treated implicitly,
and the normal component treated explicitly.

MODIFIED TRANSONIC SMALL DISTURBANCE EQ.

LAY
5 (PCER) + Z (G - Fpl+ 0@))
£ 2 (P HRG)t B) <o

TRANSFORMING TO §=£0x,4) g4’ L2 , T =T
R/-AQ.-
a‘t( E(qyf B%)

+ 2 lES O+ FED, )
S R A A P AT )
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The equation can be rewritten as shown by recollecting terms by
coefficients of Tike-terms. Here a and b are the original (x-direction)
streamwise terms of the governing equations, and a, b, etc., contain
coefficients based on the spanwise terms of the equation. It has been
previously noted that a time-accurate, fully conservative, implicit
treatment can only be performed on the terms

3_ (2 4 3,1

% (age + b¢E ) and an (E ¢n)

The remaining terms can be differenced in a fully conservative explicit
fashion, or in a partially conservative implicit fashion. In the original
XTRAN3S algorithm, only the cross-term 2 (G¢n2) is so treated; the
remaining terms are treated explicitly. 'In the present study, several
different combinations of implicit and explicit difference treatments have
been investigated. By examining the coefficients it can be seen that
certain terms which were treated explicitly in the original XTRAN3S
algorithm can be treated implicitly without loss of accuracy (i.e., without
losing the conservation form of the equation). It has also been noted by
Batina that only the original streamwise terms, represented by the
coefficients a and b should be included in the type-dependent difference
scheme or in the definition of the shock point operator. This treatment of
these terms corresponds directly to the original 2-dimensional method of
Ballhaus and Goorjian known as LTRAN2.

RECOLLECTING TERMS:
A _
2(-5%-5%)
2(ag+ 6% « g 67 - 87 02
+ S%(’e‘?& + ?(?§' + §(¥% )
+;i.g(“q’3) =0

WHERE

& :EE o= §/5 (x6+1) &y & rg
k R A

6 = (GH»H) §1 , €= {7/3-" P =CT

5 2§ ;o A .

e * Sk, § - HE, L A
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ORIGINAL ADI ALGORITHM

The transformed streamwise sweep for the original (Version 1.5) XTRAN3S
algorithm is shown in this figure.

Here Dg is a type-dependent mixed difference operator based on the sign of
(a" + 2 GoBy, 8¢ is a central difference operator, Dn is a mixed difference
operator based upon the sign of 2Gg(s,¢n).

B3, (L) - o] (k) 6% |
+ zc‘*;(gy(p") Dr((%(p") (3 97
toE T @t X YT
were
o Gﬂ(gqcp;ffgl)ﬂ T Ha,cp;qun
7 g%xqj;z'
Y : % ¢ H g’fﬁ’ni + H(p}”(p;
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MODIFIED ADI ALGORITHM

The transformed streamwise sweep for the modified (Version 1.10) XTRAN3S
algorithm is shown in this figure. Here it can be seen that all but one of
the explicitly-treated streamwise derivative terms (s;X") in the original
algorithm can be treated implicitly. The remaining cross-derivative terms
§g(on) or &,(6g) must still be treated explicitly.

g - SWEEP:

3?5 [‘7‘?”) i Dg[a»(@;) R 2q7;q5f]

4t

ds [ 279 %) tq @, ]
+ zq(wm) Dy(@q?") \ g,((é; :7qp")
+ g';gqu)" t X 4 S;Yh

WHERE

X " - §7/§',< CP»In

n f h 2 n n
Y % HER + HQQ,
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The transformed spanwise and vertical sweeps are unmodified in the new
algorithm since these solutions are fully implicit.

n - SWEEP: ~

s (0. 17 (5 50-£99)

b4

* G(97Q?7) Dy (5;%‘ 55 @)

z - SWEEP:

$x ar-

A

(THESE SWEEPS UNMODIFIED)



A~6E TEST PROBLEM

The modified ADI ‘algorithm has been tested on the wing planform for the
A-6E attack aircraft with a moderate sweep and taper. The computation time
step could be increased by a factor of ten with numerical stability
maintained. For a more severely swept and tapered planform (the F-5 wing)
an increase of more than fifteen has been reported.

AR = 4.819

: x
Welpoor = 09 A g™ 20.81°
hlc)-rlp = 060
NACA 84 AOOX jy 0 FIED
Cq
Y/Cg=1.36
T 1

W
&
a .
O
X

g b/2 = 1.622 Cr

X

A-6E Planform in XTRAN3S Calculations
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This figure shows the resulting steady pressure distributions for the original

and modified ADI algorithms.
grid point upstream.

ASWINGM =08876_ =00 Ne136
(8.L.0 Rg = 8.3 X 107cR) ccy
0789 U

U
0771 L= —
ORIGINAL

/MODIFIED

In the modified algorithm the shock has moved one
Otherwise results are essentially identical.

atpee

ORIGINAL .01
ALG.

MODIFIED A4
ALG.

Comparison of Pressure Distribution Calculated by the
Original and Revised XTRAN3S Algorithms




WING-PYLON STORE TRANSONIC ANALYSIS

This section of the presentation will describe the development and current
status of a pylon/external store or nacelle capability in XTRAN3S.

Wing - Pylon - Store
Transonic Analysis

With XTRAN3S
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A-6 WING WITH STORES

Flutter characteristics of military aircraft may be severely affected by
the presence of external stores. These stores may affect the flow field
characteristics as well as the structural dynamic characteristics of the
aircraft. Flutter speeds with carriage of external stores are usually
lower than for the clean wing and may require severe operational
restrictions. This figure shows a schematic of the wing of the Navy A-6E
attack aircraft. As a part of the flutter clearance program for the newly-
designed graphite-epoxy A-6 Replacement Wing, Boeing performed wind tunnel
tests on both rigid and aeroelastic transonic models. The A-6 wing is
shown here with 2 -400 galion external fuel tanks mounted on pylons under
the wings at two inboard stations (the third station is used to mount a
small air-air missile such as the AIM-9L Sidewinder). The wing is
moderately swept and tapered. Simulations conducted to date with XTRAN3S
did not include the inboard strake, fuselage, or nacelle.

A-C Wiwg
AR = 4.8/9
Dz 29.81°
! RN A = .396
(2 Vogor =+ O

(ﬁ/c, v = ° ©s3
NMACA  GTAO002
MoD

"

€ ARPLANE

S/ O ooy

S5

e ——
STA 1911 Pysors
S"-—-I
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As seen in this figure, aerodynamic interference due to the presence of the
stores has a significant effect on the sectional 1ift distribution of the
wing. (Symbols represent data from a static rigid test). Also shown is a
prediction of the static 1ift curve slopes by XTRAN3S for the clean wing.
Flutter results using the clean wing XTRAN3S aerodynamics and the clean
wing test data as correction factors in an interfering modified strip
theory analysis are essentially the same.

A-6 WING M =087
XTRAN3S O CLEAN
16 O 3STORES

14 r

A2

10

.08 r
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FLUTTER TEST COMPARISON - ONE STORE

In this figure, analysis of the A-6 wind tunnel flutter model tested in
NASA's Transonic Dynamics Tunnel for both the “clean wing" and "stores on"
aerodynamics correction factors (section 1ift curve slopes and aerodynamic
centers) are compared with measured flutter dynamic pressures. The
analysis for both sets of corrections shows the typical "transonic bucket"
as a function of Mach number. The model test with an actual stores
representing a single 300 gallon external fuel tank showed essentially no
effect of Mach number - a completely unexpected result! An effort to
explain this phenomenon, a "pencil store", or simulator with identical mass
and inertia properties but minimum aerodynamic interference was also
tested. Here the results showed the expected Mach effect of decreasing
flutter speed up to a critical Mach number. A "no-flutter" run (not shown)
at higher speeds demonstrated the classical transonic bucket behavior.

Thus the importance of wing-store aerodynamic interference and potential
aerodynamics of the store itself were demonstrated.

) MODEL ANALYSIS — STORES-ON AERODYNAMICS "~ =
TRANSONIC MODEL TEST — PENCIL STORE T

TRANSONICMODEL TEST — 300 GALLON TANKS )

5

e, :T.a '3 N
M A Numeerm, .M

FLUTTER ANALYSIS,
300 GALLON TANK ON PYLON 5

ORIGINAL PAGE 1S
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FLUTTER TEST COMPARISON - TWO STORES

This figure shows a similar comparison of analysis and test results for two
300 gallon tanks and pencil stores. Although the measured flutter boundary
shows a much higher Mach number for the same dynamic pressure at flutter
(or vise versa), the bucket behavior for the pencil stores is again
confirmed. The actual stores show no appreciable effect of Mach number on
flutter. One principal difference between the actual stores and the
simulators was the rapidity of the onset of flutter. With the actual
stores, flutter was approached quite slowly with fairly long times to
double amplitude (5-10 seconds) allowing good confirmation of actual
flutter behavior without risk to the model. On the second flutter point
shown with the simulators (at a q of 155 psf) violent flutter was
encountered (.1 sec to double amplitude) and the model was destroyed.

... O MODEL ANALYSIS:

" : A TRANSONIC MODEL TEST — TWO PENCIL srbass
. ¢ TRANSONIC MODEL TEST ~.TWO 300 GALLON TANKS

DS SOUTE T —y LI 1) ]

Sl Macr Numaer , .M

FLUTTER ANALYSIS,
TWO 300 GALLON TANKS ON PYLONS 445

35



INITIAL XTRAN3S STORE-PYLON SIMULATION

This figure shows a portion of the grid (Y-Z plane) used in the internal
XTRAN3S simulation of the A-6 wing-pylon-store geometry. The pylons are
located in planes midway between spanwise grid 1ines. The stores are
simulated as a single 1ine, with stores boundary conditions being satisfied
at the four neighboring grid points. Shown in this figure are the maximum
diameters of the 400 and 300 gallon tanks in relation to the wing and an
approximate side of body location. The rigid model was tested with the
store configuration shown plus a Sidewinder at the outboard station (which

has not been modeled).

INITIAL XTRAN3S STORE-PYLON SIMULATION
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A-6 CLEAN WING

This figure and the next show the measured pressures on the wing upper and

lower surface at a location just outboard of the inboard pylon station.

Shown are the clean wing and pylons only cases. Also shown are the

pressures predicted by XTRAN3S including surface boundary layers. Other

than difference at the leading edge and slight pressure differences on the
1 lower surface, the comparison is good.

A-6 CLEAN WING

M= .87 X = .0 f: .33 Test  XTRAM3YS
CPK 0 —_—
Cp| o -—
C-'n .07 2.0
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A-6 PYLONS ONLY
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A-6 PYLON + STORES

This figure shows the comparison of measured and predicted pressures for the
pylon-stores case. Although there is additional interference due to this
"slender-body" modeling of the store, the comparison is neither
qualitatively nor quantitatively good. Thus is was seen that a more
complete modeling of the store is required.

M:.87 &:0.0 ; =. 33 TesT  XTRAMSS
Cp‘( g
Cﬂl o —_———
Cn 098 Ozo
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INTERFERENCE SHELL GEOMETRY

This figure shows the effective geometry of an "interference shell" or
surface on which the boundary conditions are satisfied, surrounding the
store. In the manner of Batina's Wing-Fuselage modification, slender-body
corrections are used to modify the local surface boundary condition applied
on the shell.
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(SIDE OF BODY)

XTRAN3S STORE-PYLON SIMULATION

This figure shows the grid geometry for the store-pylon simulation with
interference shells.

(WING LOWER SURFACE)
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A-6 PYLONS + STORES (INTERFERENCE SHELL)

In this figure the XTRAN3S prediction with the interference shell is
compared with measured data. The analysis predicts a much stronger shock,
located closer to the trailing edge of the wing, than the data indicated.
(The boundary layer calculation for this case was unstable; thus the
result shown is an inviscid calculation.)

(At the symposium, the possibility of flow field separation causing the

behavior shown was suggested by Joe Giesing of McDonnell-Douglas. This has
been simulated and the results are shown in the next figure.)

TEST XTRAN3S

/1/'-87 oce 0.0 ?.—.33’




A-6 PYLON + STORES WITH AFT SEPARATION

Flow separation on the aft portion of the stores was simulated by use of a
constant store radius and zero slope for the portion of the store aft of
the maximum radius. This geometry modification has considerably improved
the correlation with measured data, as shown in this figure. This
calculation is shown with the boundary layer present. (This figure was not
shown at the symposium.)

. M=.87  X=00 7"3§ o TEST XTRAN3S
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SUMMARY

In summary, modifications to the XTRAN3S code, implemented in Version 1.10,
have provided a speed-up of twenty to thirty times over the previous
released Version 1.5.

The pylon-store modification, under development, has shown that the
presence of pylons and stores can be simulated although attention to
geometric and flow field details is required.

0 IMPROVED VECTORIZATION and ALGORITHM
MODIFICATIONS PROVIDE 20-30X SPEED-UP
IN XTRAN3S VERSION 1.10

L) PYLON-STORE MODIFICATION DEVELOPED

[ SIMPLE SLENDER BODY INSUFFICIENT

° INTERFERENCE SHELL OVERPREDICTS STORE
INTERFERENCE ON WING



FUTURE EFFORTS
Future developments of the XTRAN3S code, to be initiated shortly under

AFWAL sponsorship, are shown in this figure. Some comparisons with
NASA-Langley's CAP-TSD code will be made at a later date.

° CONTINUE DEVELOPMENT ON PYLON-STORE
MODIFICATION

o INCORPORATE WING-BODY AND PYLON-STORE
MODIFICATIONS IN SINGLE VERSION

[ ADD SUPERSONIC AND FOURIER ANALYSIS CAPABILITIES

o CONTINUE EVALUATIONS WITH TRANSPORT AND ATTACK
AIRCRAFT AEROELASTIC MODELS
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Introduction

In the last two decades, there have been extensive developments in com-
putational unsteady transonic aerodynamics (ref. 1). Such developments are
essential since the transonic regime plays an important role in the design of
modern aircraft. Consequently, there has been a large effort to develop com-
putational tools with which to accurately perform flutter analysis at transonic
speeds. In the area of Computational Fluid Dynamics(CFD), unsteady tran-
sonic aerodynammics are characterized. by the feature of modeling the motion
of shock waves over aerodynamic bodies, such as wings. This modeling re-
quires the solution of nonlinear partial differential equations. At the present
time, the most advanced codes such as XTRAN3S, the Air Force/NASA code
for transonic aeroelastic analysis of aircraft, use the transonic small perturba-
tion (TSP) equation(ref. 2). Currently XTRANS3S is being used for generic
research in unsteady aerodynamics and aeroelasticity of almost full aircraft
configurations(ref. 3). Use of Euler/Navier Stokes equations for simple typical
sections has just begun. In comparison, for steady flows, Euler/Navier Stokes
equations are being used for wing-bodies and complex separated flows(ref. 4).
A brief history of the development of CFD for aeroelastic applications has
been summarized in figure 1. The present paper summarizes the develop-
ment of unsteady transonic aerodynamics and aeroelasticity at NASA-Ames
in coordination with Air Force, other NASA centers and industries since 1978.

HISTORY OF CFD APPLICATIONS TO AEROELASTICITY
(based on unsteady time accurate methods)
TSP FP Euler Navier Stokes
1978 ? 1986 ?
1982 1984 ? ?
1986 ? ? ?
1988 ? ? ?

FIGURE 1
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Need for Thme Accuracy for Aeroelastic Calculations

Transonic aeroelasticity is a highly coupled phenomenon between struc-
tures and fluids due to flow nonlinearities. The presence of moving shock
waves in the transonic flows further intensifies this coupling and leads toseveral
non-classical aeroelastic phenomenon such as a dip in the flutter boundary
curve. In order to make accurate computations in transonic aeroelasticity, it
is important to use time accurate methods. The first efficient time accurate
method of solving unsteady transonic flows was developed for airfoils using the
TSP equations and was implemented in the code LTRAN2 (ref. 5). Based on
LTRANZ2 several improved codes have been developed and are in routine use
for transonic aeroelastic computations of typical sections. A time accurate way
of simultaneously integrating unsteady transonic aerodynamics and structural
equations of a typical section was first presented in reference 6. From figure
2, taken from reference 6, {t can be seen that time linearized computations
based on the indicial method and harmonic method fail to predict the neu-
tral stability condition. On the other hand the computations based on the
time accurate method succeed. Though the time linearized techniques are
sometimes computationally more efficient than the time accurate techniques,
one should watch for the non-physical solutions from time linearized meth-
ods (indicial, UTRANS2-harmonic method) as shown in figure 2. In this paper
several results from time accurate transonic aeroelastic calculations will be
presented.

IMPORTANCE OF TIME ACCURACY IN AEROELASTICITY
® RESULTS ARE FROM TIME ACCURATE ADI ALGORITHM
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Time Accurate Unsteady Calculations of Rectangular Wings

The successful development of the two-dimensional code LTRAN2, which
employs an alternating-direction-implicit(ADI), finite-difference scheme, and
the availability of faster computers with more memory, made possible the de-
velopment and use of three-dimensional unsteady transonic aerodynamic codes.
LTRANS3, the earlier low-frequency version of XTRAN3S was developed for
time accurate calculations (ref. 7). The time accuracy of this code was vali-
dated against unsteady experimental data in reference 8. Figure 3 shows the
magnitude and the phase angle of the unsteady pressures for a rectangular
wing oscillating in its first bending mode. Time accurate computations have
accurately captured the effects of unsteady motion of the shock wave. The
rise in the phase angle behind the shock wave, which is one of the salient
features of the unsteady transonic flow, has been predicted accurately by the
alternating direction implicit scheme using the Murman-Cole switch incorpo-
rated in LTRAN3. This code was successfully applied to compute the flutter
boundaries of rectangular wings by usingcoupled (ref. 7)and uncoupled(ref. 8)
methods. Figure 3, shows the good comparison of unsteady pressures and flut-
ter boundary computed from LTRAN3 with the experiment and NASTRAN,
respectively.

TIME ACCURATE UNSTEADY RESULTS FOR RECTANGULAR WING

@ RESULTS ARE FROM TIME ACCURATE ADI ALGORITHM
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Transonic Aeroelasticity of a Transport Wing

The successful aerodynamic and aeroelastic computations for rectangu-
lar wings lead to further applications for more practical configurations. At
the same time, the capability of LTRAN3 was extended to account for inte-
gration with structures and also high frequency terms. The successful time
imtegration method developed in reference 3 was implemented in XTRANS3S.
Using this code, aeroelastic computations were made for a Japanese trans-
port wing and results were compared with the experiment (ref. 9). Figure 4
shows steady pressures and also the flutter boundary curve obtained by us-
ing XTRAN3S. During this study several errors in XTRAN3S, such as one in
the far span boundary conditions, were corrected. This study also indicated
the time step size restriction of XTRAN3S based on sweep angle. Because of
the time step size restriction it was not practical to use XTRAN3S for com-
puting flows over low aspect ratio fighter wings. Though several limitations
were found in XTRANS3S, this study on a practical wing configuration with
favorable comparison with the experiment showed the potential of the code for
further developiment.
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Unsteady Transonics of Fighter Wings

Research was further conducted to study the time step size restriction of
XTRANS3S. Detailed studies showed that conventional shearing transforma-
tion used in XTRANS3S yielded computations that were numerically unstable.
The physical grid was dependent upon the planform and was highly skewed
for low aspect ratio fighter wings. To correct this, a new modified coordinate
transformation technique was developed in reference 10. This modified trans-
formation removed the skewness in the physical grid and led to computations
that are stable, fast and accurate. It was first implemented in XTRAN3S-
Ames(ATRAN3S), a parallel NASA Ames version of XTRAN3S. Using the
modified transformation, for the first time, successful unsteady computations
were made for the F-5 fighter wing in the transonic regime. Figure 5 shows
the unsteady modal motion and the corresponding unsteady pressures of the
F-5 wing at a transonic Mach number of 0.9. Theory compares very well with
the experiment. The success of the modified shearing transformation was first
reported by the present authors in ‘1983 Symposium on Transonic Unsteady
Aerodynamics and Aeroelasticity and it was implemented in other versions of

XTRANS3S.
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Transonic Aeroelasticity of Variable Sweep B-1 Wing

The variable sweep B-1 wing has been observed to undergo angle of attack
dependent aeroelastic oscillations in both flight and wind tuunnel tests. These
oscillations were more significant at high sweep angles. Motivated by these
observations, the flow over the B-1 wing was studied computationally, including
the aeroelastic response of the wing. In the low sweep case, the comparisons
demonstrated the capability of XTRAN3S-Ames to properly simulate the flow
in the presence of shock waves. In the high sweep case, where the sweep angle
is equal to 67.5” the comparisons at a low angle of attack demonstrated the
capability of the modified shearing transformation to properly simulate the flow
at an extreme sweep angle. Computations at the high sweep case for a higher
angle of attack at which oscillations were observed did not show any shock
waves. Their absence leitds support to a new hypothesis that the observed
oscillations at the high sweep angle are separation induced oscillations(SIO)
due to the presence of leading edge separation vorticies and not due to shock
induced oscillations as previously proposed before this study. Figure 6 shows
the aeroelastic responses at 25” and 67.5" sweep angles. Low damping at high
sweep as predicted by XTRAN3S-Ames might have made the wing susceptible
to the observed oscillations. Details are given in reference 11. This research
demonstrated an important application of time accurate CFD to a crucial
practical problem.
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Transonic Aeroelasticity Wings with Tip Stores

The presence of tip stores influences both aerodynamic and aeroelastic per-
formances of wings. Such effects are more pronounced in the transonic regime.
One of the major advantages of TSP equations is the simplicity of adding new
geometry capability to the finite difference grid. As a result, transonic aeroe-
lasticity of wings with tip stores was studied by a theoretical method using
the TSP equations coupled with modal structural equations of motion. This
new capability was added to XTRAN3S-Ames. Unsteady aerodynamics on
the oscillating F-5 wing with a tip missile compared well with the experiment.
Aeroelastic computations on a typical rectangular wing indicated that tip store
unsteady aerodynamics can make the wing aeroelastically less stable. Aeroe-
lastic computations were also made for a typical fighter wing with a tip store.
Computations showed that it is important to account for the aerodynamics
of the tip store particularly in the transonic regime where the tip store can
make the wing aeroelastically less stable. Details of this work are presented
in reference 12. Figure 7 shows the effect of a tip missile on the aeroelastic
response of a fighter wing. The unsteady aerodynamic forces of the tip missile
decreases the aeroelastic damping of the wing response.
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An Integrated Approach for Aeroelasticity of Actively Controlled Wings

Use of active controls is important for future aircraft which will tend to
be more flexible for high maneuverability. So far, the theoretical aeroelastic
studies with active control surfaces have been restricted to the linear subsonic
and supersonic regimes. In the non-linear transonic flows, the combined effect
of the shock wave and the flow discontinuity due to the presence of the hinge
line of the control surface can have a strongly coupled influence on aeroelastic
performances of wings. To study such a strongly coupled phenomenon, an
mtegrated approach was developed and has been implemented in XTRAN3S-
Ames. It is noted that to study the coupling of complex physical systems like
non-linear flows and wing structures, it is important to use well understood
equations and solution procedures such as those used in XTRAN3S. Studies
showed that shock waves play an important role in active controls and the
control laws which do not account for strong coupled phenomena of fluids and
structures may not be effective in the transonic regime. Details are presented
in reference 13. Flgule 8 shows the effect of the active control surface on the
twisting modal response of a typical fighter wing. Since the present study
is in the time domain, it can be used as a “numerical flight simulator” to
coimplement wind tunnel and flight tests.
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Unsteady Transonics of Wings at Supersonic Freestreams

Flow remains nonlinear and transonic in nature for Mach numbers slightly
above one. As a result, rapid variations in aerodynamic forces can still occur
due to unsteady motions of the wing. Therefore it is important to study the
aeroelastic characteristics at low supersonic freestream conditions since criti-
cal aeroelastic phenomenon similar to that for transonic freestream conditions
can still occur. Supersonic freestream capability was first implemented in the
transonic code ATRANZ2 (ref, 14).the jmproved version of LTRAN2. This
required the use of different far field boundary conditions than those used
for transonic freestream ' conditions. Due to the lack of manpower and need,
no effort was made to implement these modifications into early versions of
XTRAN3S. Now there is a need for tilme accurate aeroelastic computations
at supersonic freestreams for advanced fighter aircraft. In this work the capa-
bility of XTRAN3S-Ames has been extended to handle supersonic freestream
conditions. The far field boundary conditions were modified following the ap-
proach given in ref. 13 which is based on the propagation of pressure waves
along the flow characteristics. Successful steady and unsteady computations
were made for the rectangular and fighter wings at supersonic freestream con-
ditions. Figure 9 shows the good comparison of unsteady pressures computed
from XTRAN3S with the experimental data at M = 1.3. This new capability
is being incorporated in the official XTRAN3S with wing body capability.
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Unsteady Transonics of Full-Span Wing-Body Configurations

In the development of CFD it appears that there is more emphasis on us-
ing new equations and methods than on adding the geometry and flow physics
capabilities. For example, limited effort has been put into extending the pow-
erful TSP theory for unsteady computations of full aircraft, though the steady
wing-body computations using TSP were done a decade ago. The presence of
a body influences both the aerodynamic and aeroelastic performance of wings.
Such effects are more pronounced in the transonic regime. To accurately ac-
count for the effect of the body, particularly when the wings are experiencing
asymmetric modal motions, it is necessary to model the full configuration in
the nonlinear transonic regime. In this study, full-span wing-body configura-
tions are simulated for the first time by using the unsteady TSP equations and
it has been incorporated in XTRAN3S-Ames. The body geometry is modeled
exactly as the physical shape, instead of as a rectangular box, which has been
done in the past. Steady pressure computations for wing-body configurations
compare well with the available experimental data. Unsteady pressure com-
putations when the wings are oscillating in asymmetric modes show significant
influence of the body. The details are given in reference 15. Figure 10 shows
steady pressures on the body (comparing well with the experiment) and also
the effect of asynumetry on the unsteady lifting forces of the wing.
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A New Algorithm for Unsteady Euler Equations

One of the most successful ideas used in the calculation of transonic flows
is the one of Murman-Cole to use different types of differencing for the re-
gions of subsonic and supersonic flows. Central differencing is used in subsonic
regions of the flow and upwind differencing is used in supersonic regions of
the flow. This change of the algorithm takes into account the fundamentally
different characteristics of subsonic and supersonic flows. The previous section
of this paper has shown the successful application of the Murman-Cole switch
modified by Jameson’s rotated differencing scheime to unsteady transonic flow
computations on wing-body configurations. Motivated by the success of the
type dependent differencing for potential equations, a similar method has been
developed (ref. 16)for the Euler equations. This new algorithm uses flux vector
splitting in combination with the concept of rotating the coordinate system to
the local streamwise direction. The flux vector biasing is switched from upwind
for supersonic flow to downwind for subsonic flow. Several one-dimensional cal-
culations for steady and unsteady transonic flows demonstrated the stability
and accuracy of the algorithm. Unsteady results were demonstrated for an
airfoil whose thickness varies in time. Figure 11 shows the pressure coefficient
plots for three times at which the shoci wave is increasing in strength and
time accurately moving downstream.

UNSTEADY EULER ALGORITHM FOR TRANSONIC FLOW

® NEW ALGORITHM IS BASED ON ADI, FLUX SPLITTING, SWITCHING AT SHOCKS,
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Future Directions and Concluding Remarks

Since about 1978 to date, CFD for aeroelasticity has progressed from solv-
ing simple airfoils to almost complete aircraft by using TSP theory. Now
industry has a computational tool such as XTRAN3S to simultaneously solve
structures and aerodynamics for transonic flows at small angles of attack. Most
of the aeroelastic phenomena such as flutter occurs at small angles of attack.
As illustrated in this paper, time accurate simultaneous solution of structures
and aerodyamics is essential to properly understand the physics of real world
aeroelastic problems. The computational efficiency of XTRAN3S has been 1iin-
proved by a factor of about 100 since its first release. The present version,
1.10, of XTRAN3S can make time accurate unsteady transonic computations
on fighter wings such as the F-5 in about 10 minutes of CRAY-XMP time.
XTRANS3S can further be applied to investigate practically important time
dependent aeroelastic phenomenon such as the one illustrated for active con-
trols in this paper. During the last decade CFD without structural coupling
has advanced fairly well to the use of Euler/Navier Stokes equations. This
has lead to the development of codes such as TNS, a Transonic Navier Stokes
code for full aircraft analysis(ref. 4). However, these developiments have been
mostly restricted to steady computations. New algorithis are being developed
to make time accurate unsteady computations(ref. 16). These new tools along
with other CFD techniques, such as the zonal grid approach developed for the
TNS code(see Figure 12 for typical steady results), need to be extended for
aeroelastic computations of full aircraft with complex flows. \

EULER/NAVIER STOKES CODE FOR FULL AIRCRAFT ANALYSIS

® A NEW TIME ACCURATE UNSTEADY ALGORITHM WILL BE IMPLEMENTED

® TYPICAL RESULTS FROM STEADY TRANSONIC NAVIER STOKES CODE
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OVERVIEW

The presentation describes the development of a new transonic code to predict unsteady flows
about realistic aircraft configurations. The work has been a major research activity over
the past year within the Unsteady Aerodynamics Branch at NASA Langley Research Center.
The presentation first describes an approximate factorization algorithm for solution of the
unsteady transonic smali-disturbance (TSD) equation. Because of the superior stability
characteristics of the AF algorithm, a new transonic aeroelasticity code has been developed
which is described in some detail. The new code was very easy to modify to include the
additional aircraft components, so in a very short period of time the code has been developed
to treat complete aircraft configurations. Finally, applications are presented which
demonstrate many of the geometry capabilities of the new code.

e® Describe Approximate Factorization (AF) algorithm

@ Demonstrate superior stability characteristics of AF algorithm
e Introduce new transonic aeroelasticity code
e Describe complete aircraft modeling

® Applications



APPROXIMATE FACTORIZATION ALGORITHM DEVELOPED

A new algorithm based on approximate factorization (AF) was recently developed by Batina
(Ref. 1) for the time-accurate solution of the unsteady TSD equation. The AF algorithm
involves a Newton linearization procedure coupled with an internal iteration technique. In
Ref. 1 the AF algorithm was shown to be very robust and efficient for application to either
steady or oscillatory transonic flows with subsonic or supersonic freestream conditions.
The new algorithm can provide accurate solutions in only several hundred time steps
yielding ‘a significant computational cost savings when compared to alternative methods.
Furthermore, the AF algorithm is fully vectorizable which results in an additional saving of
computer resources.

® Time-accurate solution of TSD equation

@ Involves Newton linearization coupled with internal iterations
e Stable for relatively large time steps

e Fully implicit and vectorizable in all three coordinate directions

® Enables supersonic freestream calculations

65



66

APPROXIMATE FACTORIZATION ALGORITHM OVERVIEW

Shown here is a brief overview of the AF algorithm. A much more detailed description is
given in Ref. 1. Basically, if the TSD equation is written in general form as R(¢n+1) = 0,
then the solution is given by iteration of the Newton linearization. In this equation, A¢ is
equal to ¢n+1 - ¢* where ¢" is the currently available value of ¢n+1. During convergence
of the iteration procedure, A¢ is driven to zero so the solution is given by ¢°. The equation

is solved numerically by approximately factoring dR/d¢ into a triple product of operators
and then sequentially applying the operators using three sweeps through the grid.

@ TSD equation general form

Ro™h =0

® Solution by Newton linearization and internal iteration

R0+ (3D v de=0

1

where Ao = o™ - ¢*

® AF Algorithm

— . *
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CONVERGENCE STUDY FOR UNSTEADY APPLICATIONS

i With the AF algorithm, the step size may now be selected based on accuracy, rather than on
; numerical stability. To demonstrate this, a convergence study was performed for the F-5

wing at M = 0.9, to determine the largest step size that would produce converged results.
‘ Unsteady results were obtained using 100, 200, 300, and 400 steps per cycle of motion
\ which required At = 0.2293, 0.1147, 0.0764, and 0.0573, respectively. The calculation
for 100 steps per cycle produced reasonable results but fairly large differences were
observed with the 200 steps per cycle calculation. As shown in this figure, the results for
200 and 300 steps per cycle are very similar, although there are small differences near
the leading edge and in the shock pulse region. The results for 400 steps per cycle are
essentially the same as those for 300. Therefore, it takes about 300 steps per cycle to
produce converged results, although the results for 200 steps per cycle may be acceptable
for engineering purposes.

® [-5 wing upper surface pressures for rigid pitching
at M=0.9and k = 0.137

AF algorithm

—— 200 steps/cycle
----- 300 steps/cycle
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CAP-TSD: COMPUTATIONAL AEROELASTICITY PROGRAM -
JRANSONIC SMALL DISTURBANCE

Because of the superior stability characteristics and computational efficiency of the AF
algorithm, a new transonic code has been developed for aeroelastic applications. The new
code is called CAP-TSD (Ref. 2) which is an acronym for Computational Aeroelasticity
Program - Transonic Small Disturbance. As the name implies, the code solves the unsteady
transonic small-disturbance equation based on the AF algorithm. The purpose of the CAP-
TSD code is for static and dynamic aeroelastic applications. The code is highly vectorized and
thus is very fast. In comparison with XTRAN3S, for example, CAP-TSD is about six times
faster on a per time step basis. Also, the code is capable of treating complete aircraft
configurations.

@ Based on approximate factorization algorithm
® Static and dynamic aeroelastic applications

® Code is highly vectorized: very fast
XTRAN3S V1.5 CAP -TSD
0.62 CPU SEC/At 0.1 CPU SEC/At

e Computational expense ~ N ( =—£—{) x CPU SEC/At
Potential savings factor ~ 20 x 6 >100

® Capable of treating complete aircraft configurations



COMPLETE AIRCRAFT MODELING WITH CAP-TSD

This includes multiple lifting surfaces, the fuselage, pylons/stores/nacelles, as well as
leading and trailing edge control surfaces. Furthermore, these components may be
arbitrarily placed within the computational domain to allow for a full-span modeling
capability. With this capability, one can then treat antisymmetric mode shapes or
unsymmetric geometries such as an oblique wing or even unsymmetric store configurations.

® Multiple lifting surfaces (canard/wing/tail)
® Fuselage

® Pylons/ stores/ nacelles

® Leading and trailing edge control surfaces

® Components may be arbitrarily placed within computational domain

= Full span capability
— Antisymmetric mode shapes or unsymmetric geometries allowed
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COMPLETE AIRCRAFT MODELING WITH CAP-TSD

Shown here are several of the complex configurations that have been modeled using CAP-
TSD. The figure illustrates how combinations of lifting surfaces and bodies are used to
model realistic geometries.

® NLR F-5 wing/tiptank/pylon/store
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CONFIGURATIONS ANALYZED USING CAP-TSD

Results are presented next for the five configurations shown here, which demonstrate many
of the CAP-TSD geometry capabilities. These configurations range in geometrical
complexity from a simple wing with control surface to a realistic fighter geometry. The
five configurations were selected to assess various geometry capabilities of CAP-TSD by
making comparisons with the experimental pressure data of Refs. 3-9. The configurations
include: The F-5 wing with an inboard trailing edge control surface (Ref. 3); the F-5 wing
with an area-ruled tiptank and underwing pylon/store (Refs. 4 and 5); a simple wing/
fuselage/tail configuration that was tested at the DFVLR (Ref. 6); a canard/wing/fuselage
model tested by Rockwell (Ref. 7); and finally, the General Dynamics one-ninth scale
F-16C aircraft model (Ref. 8).

— !

F-5 wing/ F-5 wing/tiptank/ DFVLR wing/
control surface pylon/store fuselage/tail

JaV A\

- —— J
Rockwell canard/ General Dynamics
wing/fuselage F-16C aircraft model
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RESULTS FOR F-5 WING/CONTROL SURFACE
CONFIGURATION

Results were obtained for the F-5 wing/control surface configuration to assess the accuracy
and efficiency of the CAP-TSD code for oscillatory control surface applications. The wing
has a panel aspect ratio of 1.58, a leading edge sweep angle of 31.99, and a taper ratio of
0.28. The airfoil section of the F-5 wing is a modified NACA 65A004.8 airfoil which has a
drooped nose and is symmetric aft of 40% chord. The control surface has a constant-
percent-chord hinge line at 82% chord, inboard side edge at the wing root, and outboard side
edge at 58% semispan. The calculations are compared with the experimental oscillatory
pressure data from an F-5 wing model tested by Persoon, Roos, and Schippers (Ref. 3).
Both subsonic and supersonic freestream cases are presented. Steady pressure distributions
for these cases were presented and compared with the experimental data in Ref. 1, and
therefore are not repeated here. Unsteady pressure results are described as follows.

® Case 1: M = 0.9, unsteady flow
® Case 2: M = 1.1, unsteady flow

F-5 wing/
control surface



F-5 WING/OSCILLATING CONTROL SURFACE APPLICATION

At the subsonic freestream Mach number of 0.9, unsteady results were obtained for the
control surface oscillating with an amplitude of 0.4710 at a reduced frequency of 0.139.
The calculations were performed using only 300 steps per cycle of motion which
corresponds to a step size of At = 0.07354. Three cycles of motion were computed to obtain
a periodic solution. Unsteady pressure distributions along three chords of the wing are
shown in this figure along with the experimental data. These pressures are plotted as real
and imaginary components corrésponding to the "in-phase and out-of-phase unsteady
pressure distributions normalized by the amplitude of motion. The CAP-TSD resuits agree
well with the data, especially in predicting the control surface pressures and the hinge-line
.singularity at 82% chord.

@ Lower surface unsteady pressures at 61 = 0.471° and k = 0.139

M'—'E>O.9 :

F-5 wing i

—— CAP-TSD
o o Experiment
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F-5 WING/OSCILLATING CONTROL SURFACE APPLICATION

At the supersonic freestream Mach number of 1.1, the unsteady results were obtained for
the control surface oscillating with an amplitude of 0.450 at a reduced frequency of 0.118.
These calculations were also performed using only 300 steps per cycle of motion which
corresponds to a step size of At = 0.08875. Only two cycles of motion were required to
obtain a periodic solution. Calculations for the third cycle of motion produced results that
were identical to the second cycle results, to plotting accuracy. This faster convergence is
due to the lack of upstream signal propagation resulting from the supersonic nature of the
flow. The results indicate that the pressures on the control surface are nearly in-phase
with the motion since the imaginary components are very small in comparison with the real
components. Also, the pressures are zero outside of the domain of influence of the control
surface which is expected for supersonic flow. The CAP-TSD results are in very good
agreement with the experimental data. Further applications of CAP-TSD including
comparisons with experiment for supersonic freestream cases are reported in Ref. 10.

® Upper surface unsteady pressures at 61 = 0.45° and k = 0,118
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RESULTS FOR
F-5 WING/TIPTANK/PYLON/STORE CONFIGURATION

Results were next obtained for the F-5 wing with tiptank and pylon/store to assess CAP-
TSD for muitiple body geometries. For this configuration, three components have been
modeled in addition to the F-5 wing: (1) an area-ruled tiptank which is an axisymmetric
body of revolution with a fineness ratio (length/maximum diameter) of 10.88; (2) an
underwing store which is also an axisymmetric body of revolution with a fineness ratio of
7.04; and (3) a pylon which connects the store to the lower surface of the wing at 77%
semispan. The tiptank and store have angles of incidence relative to the wing zero angle of
attack of -2.00 and -2.59, respectively. A more detailed description of the F-5
wing/tiptank/pylon/store configuration is given in Refs. 4 and 5 along with the
experimental pressure data. The calculations were performed for combinations of F-5
components to investigate aerodynamic interference effects on steady and unsteady wing
pressures. In these calculations the freestream Mach number was selected as 0.45 for
comparison with the subsonic data published by the NLR.

® Case 3: M = 0.45, steady and unsteady flows

F-5 wingltiptank/
pylon/store
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F-5 TIPTANK STEADY PRESSURE COMPARISONS

For this case, steady pressure distributions are presented first for the tiptank, to assess the
accuracy of the body modeling. Two sets of pressures are plotted corresponding to inboard
(6 = 157.59) and outboard (8 = 22.59) longitudinal lines along the tiptank. These pressure
distributions show expansions near the fore and aft maximum diameter locations and a
compression near the area-ruled middle region. The calculated tiptank pressures are in
good agreement with the experimental data.

— CAP-TSD _ ying ,/\9‘ g

° Experiment 3 Tiptank M=0.45 =

o ) >

/ \/ O~ 8 = 151.5°
Wing

| 1 _>“0C3ti0n| | |
0 .2 A .6 .8 1.0
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EFFECT OF PYLON/STORE ON STEADY PRESSURES

Steady pressure distributions on the wing are presented here for the 72% semispan station.
Two sets of calculated and experimental results are plotted corresponding to the
wing/tiptank configuration with and without the pylon/store. As shown in the lower part of
the figure, inclusion of the pylon and store significantly increased the lower surface
pressures from the wing leading edge to approximately 60% chord. The effect of the
pylon/store on the upper surface pressures is negligible, as shown in the upper part of the
figure. The calculated steady pressures for cases with and without the pylon/store compare
well with the experimental data.

® F-5 wing pressures at 72% semispan station

-4 - M= 0,45 = 0.7
¢ ~2f D T
P
! Upper surface o
2 CAP-TSD (wing/tiptank)
6 ——— With pylon/store
N T Without pylon/store
Cp ) Experiment (wing/tiptank)

O
bm-D"D_D_D“

° With pylon/store

0
) Lolwer f“rfalce |°\‘_~‘J o Without pylon/store
"0 .2 .4 6 .8 10

x/c

77



EFFECT OF PYLON/STORE ON UNSTEADY PRESSURES

This figure shows the effect of the pylon/store on the unsteady pressure distributions. The
unsteady calculations were performed for the configuration pitching harmonically at a
reduced frequency of k = 0.147. The configuration was forced to pitch about a line
perpendicular to the root at 15% chord from the wing apex. The results were obtained using
300 steps per cycle of motion which corresponds to a step size of At = 0.07135. Two sets of
results are again presented corresponding to the wing/tiptank configuration with and
without the pylon/store. As shown in the upper part of the figure, inclusion-of the pylon and
store increased the real component of the unsteady lifting pressure, similar to the steady-
state interference effect. The effect on the imaginary part is negligible. The CAP-TSD
results are again in good agreement with the experimental pressure data in predicting the
aerodynamic interference effects of the pylon/store.

® F-5 configuration pitching about 15% root chord at k = 0.147

16y M= 0.45 -
\ -_
12 ) [:> Ny 0.72
aC, 8 CAP-TSD (wing/tiptank)
4 —— With pylon/store
ol TT® == -- Without pylon/store
4 Experiment (wing/tiptank)
ACp 0 o With pylon/store
4 L llmagllnaLyI o Without pylon/store

0o .2 .4 .6 .8 1.0
x/c



RESULTS FOR
DFVLR WING/FUSELAGE/TAIL CONFIGURATION

For the DFVLR wing/fuselage/tail configuration, results were obtained to assess the
accuracy of CAP-TSD for multiple lifting surface and fuselage applications. The DFVLR
configuration consists of a rectangular-planform wing that is centrally mounted to a
circular cross-section fuselage with a T-tail. The wing has a panel (exposed) aspect ratio of
2.66 and an RAE 101 a,irfoil section (9% maximum thickness-to-chord ratio). The
axisymmetric fuselage has a fineness ratio of 9.75. The horizontal tail has a panel aspect
ratio of 1.5 and an RAE 101 airfoil section (12.7% maximum thickness-to-chord ratio). It
is located above the wing mean plane, a distance equal to the fuselage maximum diameter, and
is connected to the fuselage by the rectangular vertical tail. The DFVLR wing/fuselage/tail
configuration is further described in Ref. 6 along with the low-speed experimental steady
pressure data. In these calculations, the freestream Mach number was selected as 0.2 for
comparison with the data. For this case as well as for the remaining complex configurations,
only steady-state comparisons with experiment are given. This is because, In general, there
Is a lack of experimental unsteady pressure data on complex configurations to validate time-
accurate computer codes.

® Case 4: M =0.2, steady flow

DFVLR wing/
fuselage/tail
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DFVLR CONFIGURATION STEADY PRESSURE COMPARISON

For the DFVLR configuration, comparisons of CAP-TSD and experimental steady pressures
on the upper surfaces of the wing and tail are shown in the figure. Chordwise pressures
along three span stations of the wing and along one span station of the tail were selected for

comparison with the data. The angle of attack of the wing was 0.250. The angle of attack for

the tail and fuselage was 0.150. The CAP-TSD results compare very well with the data along
both lifting surfaces except in the vicinity of the wing leading edge.

® Wing and tail upper surface pressures at M = 0.2
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DFVLR CONFIGURATION STEADY PRESSURE COMPARISON
FOR FUSELAGE

This figure shows similar comparisons between CAP-TSD and experiment for the fuselage of
the DFVLR configuration. Two sets of longitudinal pressures are plotted corresponding to the

fuselage upper centerline (6 = 90°) and to a line that passes close to the wing-fuselage

junction (8 = 200). The calculated pressures are again in good agreement with the
experimental data even in the critical wing-fuselage junction region. This good agreement
thus validates the CAP-TSD code for application to multiple-component configurations such
as the DFVLR wing/fuselage/tail.

® Fuselage pressures at M = 0.2
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RESULTS FOR
ROCKWELL CANARD/WING/FUSELAGE CONFIGURATION

To further assess CAP-TSD for multiple lifting surface and fuselage applications, results
were obtained for the Rockwell canard/wing/fuselage configuration.  This configuration
consists of a swept-tapered canard and wing mounted to a relatively simple half-span
fuselage. Each of the non-coplanar lifting surfaces has a panel (exposed) aspect ratio of
approximately 1.0, a leading edge sweep angle of 400, a taper ratio slightly greater than
0.25, and a supercritical airfoil section. The wing also has 40 of incidence relative to the
fuselage and 5° of parabolic twist washout. The Rockwell canard/wing/fuselage
configuration is further described in Ref. 7 along with the experimental steady pressure
data. [n the CAP-TSD comparisons presented here, the freestream Mach number was 0.8.

® Case 5: M = 0.8, steady flow
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Rockwell canard/
wing/fuselage



ROCKWELL CONFIGURATION STEADY PRESSURE COMPARISON

For this case, the angle of attack for both the canard and the wing was 2.050. For the wing,
this angle is added to the incidence and twist so that the root and tip are effectively at 6.050

and 1.059, respectively. The figure shows chordwise pressures along one span station of the
canard and along three span stations of the wing. The CAP-TSD pressures are in favorable
agreement with the experimental data along both lifting surfaces. The small differences

between calculation and experiment in the wing upper surface trailing edge region, are due

to flow separation. The overpredicted pressures along the lower surface of both the canard
and the wing, aft of approximately 85% chord, are due to viscous effects. Of course, flow
separation and viscous effects are.outside the scope of the present capability.

® Canard and wing pressures at M=0.8 and ao = 2°
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RESULTS FOR -
GENERAL DYNAMICS F-16C AIRCRAFT MODEL

Finally, results were obtained for the General Dynamics F-16C aircraft model to
demonstrate application of CAP-TSD to a realistic configuration. The calculations were
performed for three Mach numbers including 0.85, 0.9, and 1.1. In each case, CAP-TSD

results were obtained for the F-16C aircraft at approximately 2.30 angle of attack and with

the leading edge control surface of the wing deflected upwards 20 for comparison with the
experimental steady pressure data of Ref. 9. These steady pressure comparisons were made
to assess the accuracy of CAP-TSD for complete airplane applications. All of the results
were originally reported in Ref. 1. The results presented here are for the M = 0.9 case.

® Case 6: M = 0.85 steady flow
® Case 7: M = 0.90, steady and unsteady flows
® Case 8: M = 1,10, steady flow
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General Dynamics
F-16C aircraft model



CAP-TSD MODELING OF F-16C AIRCRAFT

In these calculations, the F-16C is modeled using four lifting surfaces and two bodies. The
lifting surfaces include: (1) the wing with leading and trailing edge control surfaces; (2)
the launcher; (3) a highly-swept strake, and shelf surface; and (4) the horizontal tail. The
bodies include: (1) the tip missile and (2) the fuselage. Other salient features of the
F-16C modeling include 30 linear twist washout for the wing, a leading edge control surface
hinge line that is straight but not of constant-percent chord, and 100 anhedral for the
horizontal tail. The rather detailed geometry description for the one-ninth scale F-16C
aircraft mode! was obtained from Ref. 8 and the experimental steady pressure data is
tabulated in Ref. 9. All of the calculations were performed on a cartesian grid that conforms
to the leading and trailing edges of the lifting surfaces which contains 324,000 points. The
grid was fairly easy to generate, even for a complex configuration such as the F-16, because
it is cartesian.

There are no unsteady experimental data to validate the CAP-TSD code for time-accurate
F-16C calculations. Nonetheless, an unsteady calculation was performed for the M = 0.9
case, to demonstrate the time-accurate capability. For simplicity, the calculation was
performed for a rigid pitching motion where the entire F-16C aircraft was forced to
oscillate about the model moment reference axis. Parallel calculations were also performed
for the wing alone, to investigate the effects of aerodynamic interference by making
comparisons with the complete airplane results. These wing-alone calculations were
performed for the outer wing panel only, with a plane of symmetry assumed at the wing root.

® Modeled using four lifting surfaces and two bodies
@® Cartesian grid with 324 000 points

Launcher Tip missile Trailing edge

control surface

Leading edge

control surface Aft strake and shelf

Ho_rizontal tail

Strake - Wing

Fuselage
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F-16C AIRCRAFT STEADY PRESSURE COMPARISON

Steady pressure comparisons are presented here for three span stations of the wing and one
span station of the tail. For this case (M = 0.9), there is a moderately strong shock wave on
the upper surface of the wing and the CAP-TSD pressures again generally agree well with
the experimental pressures. The shock is slightly overpredicted in strength and located
slightly aft of the experimental location which is expected from a conservative inviscid
potential flow code. The inclusion of the nonisentropic effects (Ref. 11) and viscous effects
(Ref. 12) could be expected to improve the correlation between calculation- and experiment.
For the tail, the flow is predominantly subcritical and the CAP-TSD pressures agree well
with the experimental data. Also, the calculations required only 0.88 CPU seconds per time
step on the VPS-32 computer at NASA Langley Research Center.

® Wing and tail pressures at M = 0.9 and a, = 2,38°
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F-16C AIRCRAFT UNSTEADY PRESSURE COMPARISON

This figure shows the unsteady pressures for the entire F-16C aircraft undergoing a rigid
pitching oscillation. Two sets of calculated pressures are compared, corresponding to
complete -airplane and wing alone modeling. The reduced frequency was selected as 0.1, the
oscillation amplitude was chosen as a1 = 0.5°, and 300 steps per cycle of motion were used.
As shown in the figure, there is a relatively large shock pulse in the real part of the wing
upper surface pressures. This shock pulse is of:larger magnitude and is located further
downstream in the complete airplane model. These features are attributed to a stronger
steady-state shock on the upper surface of the wing produced by the accelerated flow about
the fuselage and the launcher/tip missile. The unsteady pressures near the leading edge of
the wing are also generally of larger magnitude for the complete airplane. For the tail, the
unsteady pressures are relatively small in comparison with the wing pressures and thus
were plotted on an expanded scale. The tail is located considerably aft of the pitch axis and
thus its motion is plunge dominated which results in smaller airloads for the low value of k
considered. Furthermore, these pressures are nearly 90° out of phase with the alrcraft
motlon since the real components are small compared to the imaginary components. Also,
the differences between complete airplane and wing-alone results emphasize the importance
of Including all of the alrcraft components in the calculation.

® Upper surface pressures due to airplane pitching at k = 0.1
i M= 0.9
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STEADY FLOW FIELD PRESSURES FOR F-16C AIRCRAFT

The following sequence of figures shows steady and unsteady pressure contours for the
F-16C aircraft. The view shown in the first set of figures is an oblique projection of the
aircraft. In this view, contours are plotted in vertical planes at four span stations along
each wing as well as along the vehicle centerline. This figure shows the steady flow field

pressures at M = 0.9 and ao = 2.380. The contours indicate that there is flow compression

along the leading and trailing edges of the wing and forward along the canopy. Flow
expansion is indicated above the wing and fuselage, and above the canopy.
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UNSTEADY FLOW FIELD PRESSURES FOR F-16C AIRCRAFT AT
MAXIMUM PITCH ANGLE

Instantaneous flow field pressures at two points during a cycle of the rigid aircraft pitching
calculations are shown in the next two figures. This figure shows contours at the aircraft
maximum pitch angle; the next figure shows contours at the aircraft minimum pitch angle.

The pressures shown here indicate an increase in the overall levels of both compression and
expansion as the aircraft pitches up.
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UNSTEADY FLOW FIELD PRESSURES FOR F-16C AIRCRAFT AT
MINIMUM PITCH ANGLE

As the aircraft pitches down, the pressure levels decrease significantly along the wing, as
shown in the figure.
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STEADY SURFACE PRESSURES FOR F-16C AIRCRAFT

The other view plotted is the planform view of the aircraft. Here the upper surface
pressures are contoured similarly to the oblique projection results. This figure shows the

steady surface pressures at M = 0.9 and oo = 2.380. In this view, the shock wave is clearly

represented by the lateral line on the wing near 75 - 80% chord. The shock is strongest
outboard where there is a rapid change in contour level.
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UNSTEADY SURFACE PRESSURES FOR F-16C AIRCRAFT
AT MAXIMUM PITCH ANGLE

Instantaneous pressures at two points during the cycle of rigid aircraft pitching are shown
in the next two figures. Near the aircraft maximum pitch angle (shown here) the embedded
supersonic region becomes larger as indicated by the increased size of the black contouring
on the upper surface of the wing. Also, the shock becomes relatively strong as indicated by
the rapid change in contour level, from black to white.
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UNSTEADY SURFACE PRESSURES FOR F-16C AIRCRAFT
AT MINIMUM PITCH ANGLE

Near the aircraft minimum pitch angle, shown in this figure, the shock on the wing upper
surface becomes relatively weak and the flow is more compressed in the inboard region
along the strake.
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CONCLUDING REMARKS

A transonic unsteady aerodynamic and aeroelasticity code called CAP-TSD has been developed
for application to realistic aircraft configurations. The name CAP-TSD is an acronym for
Computational Aeroelasticity Program - Transonic Small Disturbance. The new code now
permits the calculation of unsteady flows about complete aircraft configurations for
aeroelastic analysis in the flutter critical transonic speed range. The CAP-TSD code uses a
time-accurate approximate factorization (AF) algorithm for solution of the unsteady
transonic small-disturbance equation. The AF algorithm has been shown to be very efficient
for steady or unsteady transonic flow problems. It can provide accurate solutions in only
several hundred time steps yielding a significant computational cost savings when compared
to alternative methods. For reasons of practicality and affordability, an efficient algorithm
and a fast computer code are requirements for realistic aircraft applications.

Results were presented for several complex aircraft configurations which demonstrated the
geometrical applicabllity of CAP-TSD. The code can treat configurations with arbitrary
combinations of lifting surfaces and bodles Including canard, wing, tail, control surfaces,
tip launchers, pylons, fuselage, stores, and nacelles. These calculated results were in good
agreement with the experimental pressure data which assessed CAP-TSD for multiple
components applications with mutual Interference effects.

Finally, results were presented for the General Dynamics one-ninth scale F-16C aircraft
model which demonstrated application to a realistic configuration. Steady results compared
well with the experimental data. Unsteady results for the entire F-16C aircraft undergoing
a rigid pitching motion were presented. Comparisons with parallel wing alone results
revealed aerodynamic interference effects of the additional aircraft components on wing
unsteady pressures. These effects emphasize the importance of including all components in
the calculation. The CAP-TSD code thus provides the capability of modeling complete
aircraft configurations for realistic transonic unsteady aerodynamic and aeroelastic
analyses. Further pressure correlations and aeroelastic calculations are presently
underway to continue assessing and validating the code.

® CAP-TSD code models complete aircraft configurations for
transonic unsteady aerodynamic and aeroelastic analyses

® |nitial pressure comparisons show good agreement

® Further pressure correlations and aeroelastic calculations
presently underway to continue validating code
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The CAP-TSD analysis of the F-15 fighter aircraft is the result of a
cooperative program between NASA Langley Research Center and McDonnell
Aircraft Company (MCAIR). We are grateful to Dr. John Edwards and his
Unsteady Aerodynamic Branch for allowing MCAIR the use of CAP-TSD and
providing the VPS-32 super computer resources. A special thanks is given to
Jack Batina, Bob Bennett, and Dave Seidel for all of their help in setting up
the CAP-TSD model of the F-15.



The F-15 is a twin engine high performance fighter aircraft and is shown
in the three view drawing of Figure 1. The large wing area allows for a low
wing loading in cruise flight. Figure 2 also shows some of the wing and
stabilator geometry characteristics.

F-15 Geometry

Wing Stabilator

Aspect Ratio: 3.01 2.05
Taper Ratio: 0.25 0.34
Sweep (LE): 45° 50°
Dihedral: -1° 0°

Figure 1



Figure 2 shows the airfoil sections of the F-15 wing. The wing root
is a 6 percent thick symmetric airfoil. The wing decreases in thickness
towards the tip, which is a 3 percent highly cambered airfoil. The F-15 wing
has conical camber outboard of the 20 percent semi-span location.

F-15 Wing and Airfoil Shapes

Figure 2
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A 4.7 percent rigid model of the F-15 was tested in the MCAIR Polysonic
Wind Tunnel in January of 1971. Wing pressures were measured at four span
stations. The semi-span stations were located at 36.2, 58.7, 77.0 and 86.2
percent. Nominally, there were 16 upper surface pressure taps and 7 lower
surface pressure taps. All data shown are for undeflected ailerons and flaps.
The forward fuselage had 70 pressure taps located at 10 fuselage stations as
shown in Figure 3. The fuselage taps were located at fuselage rotation
angles of 0 (top), 44, 68, 90, 114, 138 and 180 (bottom) degrees.

F-15 4.7% SCALE MODEL

Wing and Fuselage Pressure Tap Location

p FS 284.3
d FS 260.3
YIS =0.362 ’ . FS 212.3
/o/'
. FS 236.3 |
YIS =0.587 ; FS 188.3

|

M
FS 200.3 [ FS 248.3 [ kg 296.3

— Fuselage
' Moldiine FS2243 g 5703
- ] Start of Inlet
YIS =0.770 ¢ Aircraft
Y/S =0.862
Figure 3
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F-15 CAP-TSD runs were made for the angle-of-attack and Mach range
shown in Figure 4. The Mach number ranged from subsonic, through the
transonic to the supersonic range. The angle-of-attack ranged from 0 to
about 5 degrees. The F-15 CAP-TSD model includes the wing, wing-glove,
stabilator, flow through inlets and fuselage body. Various pressures from
these runs will be compared with test data. Also, two wing alone cases will

be shown to highlight the fuselage effects.

F-15 CAP-TSD STEADY RUNS

Mach 0.80 Mach 0.90 Mach 0.95 Mach 1.208
a=0.08° a=0.08° a=0.08° a=0.08°
=2.46° =2.46°" =2.58° =2.70°*
=4.84° =4.84°

F-15 CAP-TSD Model Includes:

e Wing, Wing-Glove, Stabilator,
Flow Through Inlets, Fuselage Body

*Runs were also made for wing alone case.

Figure 4
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Figure 5 is a picture of the CAP-TSD X-Y grid for the F-15 complete

There are 150 X grid points, 32 Y grid points and 72

aircraft configuration.
There are

Z grid points. Thus, the total number of grid points is 345,600.
22 Eta grid points along the wing span and 50 grid points along the wing
chord. The stabilator has 15 Eta grid points and 23 chordwise points.

F-15 CAP-TSD GRID
n, =150 ny=32 n,=72

Total Number of Grid Points = 345,600
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The first CAP-TSD results to be shown will be for the F-15 forward
fuselage section. Figure 6 shows the pressure coefficients for the top and
bottom of the fuselage versus fuselage station. For M = 0.9 and an
angle-of-attack of 0.08 degrees, the CAP-TSD lower surface pressures agree
well with the wind tunnel data. The upper surface CAP-TSD pressures agree
qualitatively with the data. However, CAP-TSD shows the compression over the
canopy starting a little sooner than the test data at a fuselage station of
225 inches. CAP-TSD predicts more compression than the data shows. 1In the
area where the flow expands over the canopy, Fuselage station 250 inches, the
agreement is better. Refer to Figure 3 for a side view of the canopy. It is
felt that more grid points along the fuselage will improve the CAP-TSD
correlation of the upper surface pressure.

F-15 COMPLETE AIRCRAFT, MACH 0.9, a:=0.08°

Fuselage Pressures

—-1.2— —-————-  CAP-TSD pressure - top
e CAP-TST pressure - bottom
1 o Experimental data - top
-08 F =) Experimental data - bottom
|
] 2
; Py
C 0 ; . C5lgp .
p // R
/ o )
|/
0.4 f‘/ ol
i \\ /
0.8— v
1.2l | ! | l

125 175 225 275 325 375
Fuselage Station - in.

Figure 6
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. The F-15 fuselage pressures for a supersonic case are shown in Figure 7.
The .lower surface pressures show good correlation between CAP-TSD results and
the test data. The upper surface pressures show a more severe compression
than the data. However, the overall comparison is encouraging.

F-15 COMPLETE AIRCRAFT, MACH 1.208, « =0.08°

-1.2~ ———  CAP-TSD pressure - top
—————————— CAP-TST pressure - bottom
o} Experimental data - top
—-081 o Experimental data - bottom
~-0.4-
e [e]
CP O /‘D D_D_m:\ \8
o} ° ~Bomms ,
\\-///
0.4 °
0.8
1.2 | 1 ] | 1
125 175 225 275 325 375

Fuselage Station - in.

Figure 7
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Figures 8~10 are comparisons of CAP-TSD results and measured data

for the outer most wing pressures. The Mach number is 0.81 and the

angles-of-attack are 0.08, 2.46 and 4.84 degrees.

the effects that increasing angle--of-attack has on the wing flow.

These three figures show

It should be

noted that the airfoil shape at this outboard section is highly cambered.
(Refer to Figure 2.) Figure 8 shows very good agreement between CAP-TSD

results and wind tunnel pressures.

F-15 COMPLETE AIRCRAFT, MACH 0.810

Y/S=0.862 «=0.08°

-10~ - - CAP-TSD - lower surface
CAP-TSD - upper surface

o
o
T

0 0.2 0.4 0.6
XIC

Figure 8

0.8

1.0



Figure 9 is the comparison of experimental wing pressures with CAP-TSD
results for M = 0.81, alpha = 2.46 degree at an 86 percent semi-span
location. The flow on the upper surface is barely supersonic at X/C = 0.2.
Agreement between CAP-TSD and experiment is very good.

F-15 COMPLETE AIRCRAFT, MACH 0.810
Y/S=0.862 «=2.46°

_________ - CAP-TSD - lower surface
CAP-TSD - upper surface

~1.01
-05- e .
o @]
Cp 0 ‘(}U__U__—~~a~———_g\_\_ﬂ_n___
[
0.5+
1.0 ] I | | 1
0 0.2 0.4 0.6 0.8 1.0
X/C
Figure 9
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The F-15 outer wing pressure comparison for M = 0.81, alpha =

degree is shown in Figure 10.

CAP-TSD agree well with the experimental data.

4.84
The lower surface pressures as predicted by
The upper surface CAP-TSD

pressures are not quite showing the degree of suction suggested by the test

data.

F-15 COMPLETE AIRCRAFT, MACH 0.810

YIS=0.862 «o=4.84°
.......... CAP-TSD - lower surface
———— —— CAP-TSD - upper surface
-1.0-
C)O e] o
e
-05 /\o o
_____ TSR 5
CP 0 /,JL————D“_~_Q___?
/g’gﬂ,—a”’
i
05+
1.0 | i | | _
0 0.2 0.4 0.6 0.8 1.0
XIC
Figure 10



Some representative Mach 0.9 cases are shown in Figures 11 and 12.
Figure 11 shows data for the wing pressure at a 77.8 percent semi-span

location for an angle-of-attack of 0.08 degrees.

are in good agreement between CAP-TSD results and wind tunnel data.

The upper surface pressures
The

lower surface pressures also agree well, with a slight discrepancy at 0.1 <

X/C < 0.2,
in airfoil slopes.

This is an area of extreme lower surface camber and rapid change

F-15 COMPLETE AIRCRAFT, MACH 0.9

--------- - CAP-TSD - lower surface

CAP-TSD - upper surface

YIS =0.778 a=0.08°
-10r
-0.5{;{ o
\ ]
\m

0.5¢-

0.4
XIC

0.6

Figure 11

0.8

1.0
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Figure 12 shows results for the inboard wing pressures for M = 0.9 and
alpha of 2.46 degrees. The figure compares CAP-TSD wing alone results with
the CAP-TSD complete fuselage model results and wind tunnel data. It is
apparent that the modeling of the fuselage improves the upper surface
pressures over the last 60 percent of the wing chord. The fuselage effects
also increase the upper surface leading edge suction.

F-15 COMPLETE AIRCRAFT, MACH 0.9
YIS=0.362 «=2.46°

-10~ ~  CAP-TSD - lower surface
CAP-TSD - upper surface

Wing Alone

-05)

o
0.5¢-
1.0 1 ] | 1 J
0 0.2 0.4 0.6 0.8 1.0
XIC
Figure 12
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Figures 13 and 14 show some of the wing pressure results for the Mach =
0.95 case. Figure 13 is a comparison of the F-15 wing pressures with those
predicted by CAP-TSD at a semi-span location of 77 percent and alpha
degrees. Both the experimental data and CAP-TSD results show a strong upper
surface shock at 757 local chord location.
data and CAP-TSD pressures is excellent for both the upper and lower

surfaces.

F-15 COMPLETE AIRCRAFT, MACH 0.954

YIS=0770 «a=0.08°

=10~  eeeaaa. ~ CAP-TSD - lower surface
CAP-T8D - upper surface
-(Lsé* o
o) 0
\ 5
0 o \\ 5 .
Cp 0FF s,
0.5¢-
1.0 ] 1 | ! 1
0 0.2 0.4 0.6 0.8 1.0
XIC
Figure 13

The agreement between the test
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Figure 14 shows the wing pressures for the same Mach number and
semi-span as reported in Figure 13, but for an increased angle-of-attack of
2.58 degrees. The-lower surface measured pressures are in good agreement
with CAP-TSD results. The upper surface CAP-TSD pressures are slightly below
the test data, with the predicted shock being slightly forward of the
position shown by the test data.

F-15 COMPLETE AIRCRAFT, MACH 0.952
YIS=0.770 «=2.58°

-10 ... _  CAP-TSD - lower surface
CAP-TSD - upper surface
— 0.5 - o0 000 o O O o]
0
(0]
] /\f/\
C ~O P 8 cnnibwtulamntili o e — \ o -
P 0 O B\‘\\Dfﬁ\o
o]
0.5
1.0 L ! | | |
0 0.2 0.4 0.6 0.8 1.0
XIC
Figure 14
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Some representative supersonic, Mach = 1.208, cases are shown in Figures
Figure 15 is the CAP-TSD results for the complete F-15 compared
to wind tunnel data at the 58.7 percent semi span and alpha of 0.08 degrees.
Generally the agreement between theory and test is excellent for both upper

15 thru 17.

and lower surface.

F-15 COMPLETE AIRCRAFT, MACH 1.208

-1.0-

Y/S=0.587 «=0.08°

---------- CAP-TSD - lower surface
CAP-TSD - upper surface

0.2 0.4 X/C 0.6 0.8 1.0

Figure 15
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The wing pressures for the same supersonic case as Figure 15 but at a
more outboard semi-span location of 86.2 percent are shown in Figure 16. The
upper surface experimental pressures are in very good agreement with CAP-TSD
results. The lower surface CAP-TSD results also agree very well with
experiment and show the effects of the lower surface camber in the leading
edge area.

F-15 COMPLETE AIRCRAFT, MACH 1.208
Y/S=0.862 «=0.08°

_________ - CAP-TSD - lower surface
— " CAP-TSD - upper surface

—1.0(—

0.59

1.0 | | ] | |
. . X/C . .

Figure 16
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Figure 17 is the inboard wing pressures for a Mach of 1.208 and an alpha
of 2.70 degrees. This figure compares CAP-TSD complete fuselage wing
pressures with CAP-TSD wing alone results and wind tunnel data. The fuselage
effects improve the correlation for the upper surface pressures. The largest
improvement is over the last 407 of the local chord on the upper surface.

F-15 COMPLETE AIRCRAFT, MACH 1.208
YI$S=0.362 «a=270°

e emaa - CAP-TSD - lower surface

1.0 CAP-TSD - upper surface

X/IC

Figure 17
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In summary, the F-15 fighter aircraft was modeled using CAP-TSD. The
complete aircraft was model including the wing, stabilator, flow through
inlets, and fuselage body. CAP-TSD was used to make static pressure runs for
Mach numbers of 0.8, 0.9, 0.95 and 1.2. The angle-of-attack for these runs
ranged from 0 to 5 degrees.

The CAP-TSD program showed good agreement between the computed fuselage
and wing pressures and the measured wind tunnel pressures. Including the
fuselage and inlets in the CAP-TSD analysis is important and improves the
correlation of wing pressures with test data (Figure 18).

SUMMARY/CONCLUSIONS

CAP-TSD Used to Model F-15, Model Includes:
— Wing, Stabilator, Inlets, and Fuselage Body

Static Runs Made for Following Conditions:
— Mach Range - 0.8 to 1.2
— Alpha Range - 0 to 5 deg

CAP-TSD Generally Showed Good Agreement With Test Data

Fuselage Effects Are Important in Modeling the F-15

Figure 18
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INTRODUCTION

Currently there is considerable interest in the development of methods for calculating
supersonic unsteady aerodynamics for application to advanced configurations. Although flutter
is oftentimes critical at transonic speeds, critical conditions can also be encountered at both low
and high supersonic speeds depending upon configuration and operating envelopes. Linear theory
has been the primary analytical tool for analyzing flutter in the low supersonic region with
recent efforts directed towards refining the potential gradient methods. In linear theory the -
loading on a wing is determined by the relationship of the Mach lines to the planform which can
lead to complex logic for configurations. In this study a finite-difference technique is used to
solve the transonic small-disturbance flow equation making use of shock-capturing to treat
wave discontinuities. Thus the nonlinear effects of thickness and angle of attack are considered.
Such an approach is made feasible by the development of an efficient new code by the Unsteady
Aerodynamics Branch of the NASA Langley Research Center. The new code is called CAP-TSD for
Computational Aeroelasticity Program - Transonic Small Disturbance and Is based on a fully
implicit approximate-factorization (AF) finite-difference method to solve the time-dependent
transonic small-disturbance equation and has been described by Batina* in an eariier
presentation at this workshop. This paper presents the application of the CAP-TSD code to the
calculation of low to moderate supersonic steady and unsteady flows. In particular, comparisons
with exact linear theory solutions are made for steady and unsteady cases to evaluate the shock
capturing and other features of the current method. In addition, steady solutions obtained from
an Euler code are used to evaluate the small disturbance aspects of the code. Steady and unsteady
pressure comparisons are made with measurements for an F-5 wing model and for the RAE
tailplane model. (Fig. 1.).

*Batina et al., NASA CP- 3022, 1989, Paper No. 4.

INTRODUCTION

e Significant interest in unsteady supersonic aerodynamics
e Configurations can be flutter critical at supersonic speeds
¢ New configurations are under development

® Linear theory currently used
e Mach box, potential gradient, etc
e Treats mach lines and mach cones explicitly = complex logic
for configurations

® Present study applies CAP-TSD to wings
o Computational Aeroelasticity Program - Transonic Small Disturbance
® Previous presentation'described application to configurations
o Comparisons presented: Linear theory, F-5 model, and RAE tailplane

model *Pitt, this CP
Figure 1
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CAP-TSD

As previously indicated, CAP-TSD is based on a fully implicit approximate-factorization (AF)
algorithm. The program solves the modified transonic small disturbance (TSD) equation
including the ¢1t term. The program has been developed for configurations and is highly
vectorized. A TSD code called XTRAN3S has been previously developed and used extensively;
however, the partially-explicit alternating direction implicit algorithm used in XTRAN3S was
unstable for swept and tapered wings at supersonic speeds. The AF algorithm used in CAP-TSD
is stable for such cases. The finite-difference method treats discrete waves by shock capturing.

For all the cases presented here, a finite-difference grid was used that consisted of 90 x 30 x
60 points in the x-y-z directions giving a total of 162,000 grid points. The grid extended 10
root chord lengths ahead and aft of the wing, nearly 13 chord lengths above and below, and one
semispan outboard of the tip. On the wing, 50 points were used along each chord and 20 points
along the span. This grid is one that would be used for a subsonic freestream and extends

further than may be necessary for the supersonic cases. The outer boundary conditions for the
cases considered herein are the "reflecting" outer boundary conditions, but care has been taken
to ensure that the wing is located within the "Mach diamond" such that waves do not reflect from
the outer boundaries back onto the wing surface. For the oscillating wings the calculations were
made at 360 steps per cycle which corresponds to a time step of the order of 0.1. Only two
cycles of motion were calculated because the flow field converges rapidly for supersonic flow.
The second cycle was used for Fourier analysis. One Newton iteration per step was used for flow

field convergence. (Fig. 2.)
CAP -TSD

e Fully implicit approximate-factorization (AF) algorithm

® Solves general frequency modified transonic small disturbance (TSD)
equation

® Developed for configurations

o Vectorized

® Stable for supersonic flow

® Treats discontinuous waves by shock-capturing

e Reflecting outer boundary conditions and large grid extent used
for supersonic flow

e Fine grid: 90x30x60 (x-y-z) 162,000 points
Figure 2
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COMPARISON OF CAP-TSD AND EXACT LINEAR THEORY
RECTANGULAR WING, AR =4, M = 1.30

The first comparison with linear theory is for tip loading on a wing in steady flow. The loading
within the tip Mach line for a wing with a supersonic leading edge has an exact conical flow
solution. A typical result is shown in figure 3 and is compared with a corresponding CAP-TSD
calculation for a rectangular wing. For this case the loading has a discontinuous slope at the
Mach line which is smeared by the finite-difference scheme but the overall trend of the loading
is reproduced. ‘

61 q=0.77
aC o ——
P ~
< 4 | N Exact
CAP-TSD =
2
I . { i ]
0 0.2 0.4 0.6 0.8 1.0
x/¢
Figure 3
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COMPARISON OF CAP-TSD AND EXACT LINEAR THEORY
L.E. SWEEP = 40°, TAPER RATIO = 0.5, M = 1.12

The next comparison is for a more complex situation. For a wing with a subsonic leading edge,
the loading at the tip Mach line has a jump. A loading of this type is shown in figure 4 for a
hexagonal wing planform of 40° leading-edge sweep, taper ratio of 0.50, and at M = 1.12. The
over-all trend of the loading again is given by CAP-TSD but there is. considerable smearing of
the jump discontinuity. For this severe test case further development of the finite differencing
is desirable, but the agreement of the overall trend is encouraging.

16 F
12 H
Cp gL = ~
. _
n=0.77
Exact
4 -
\/—CAP—TSD
1 —=. 1 1 —— ]
0 .4 .6 .8 1.0
x/c
Figure 4
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COMPARISON OF CAP-TSD AND EXACT LINEAR THEORY
2-D FLAT PLATE PITCHING ABOUT 41.3% C, M = 1.30

For unsteady flow, exact solutions for a two-dimensional flat plate airfoil are given in NACA
Report 846 by Garrick and Rubinow (1946). Solutions for a rectangular wing of aspect-ratio-
4 oscillating in pitch at M = 1.30 about the 41.3% chord are presented in NACA TN 3076 by
Nelson, et al. (1954). Several cases have been run with CAP-TSD for the rectangular wing.
Since the inboard portion of the wing has two dimensional flow, the inboard solutions can be
compared to the 2-D results of Garrick. and Rubinow. . The comparison for unsteady lift is shown
in figure 5. The agreement with the exact solution up to k = 1.0 is excellent.

CI
a 2 CAP-TSD
0 —= :
Imaginary
-2 1 L l 1 J
0 2 4 .6 .8 1.0
k
Figure §
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COMPARISON OF CAP-TSD AND EXACT LINEAR THEORY
FLAT PLATE WING, PITCHING ABOUT 41.3% C, M = 1.30, K = 0.111

For the oscillating rectangular wing of aspect ratio 4 at M = 1.30, the spanwise distribution of
lift magnitude and phase over the wing for K = 0.116 is shown in figure 6. Good agreement is
evident with some slight overprediction at the tip. Note that the phase angle is shown with a
highly expanded scale. These cases indicate that the overall loading is well reproduced by CAP-

TSD in supersonic unsteady flows.

Figure 6
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COMPARISON OF CAP-TSD AND EXPERIMENT
F-5 MODEL, STEADY FLOW, M = 1,10, ao = 0°

The first comparisons with experimental data are for an F-5 wing model tested by the Dutch
NLR. The F-5 wing model is a typical supersonic wing with a panel aspect ratio of 1.58, a
leading edge sweep angle of 31.9° and a taper ratio of 0.28. The airfoil section is a modified
NACA 65A004.8 which has a slightly drooped nose and is symmetric aft of 40% chord. Subsonic
and transonic calculations for this mode! have been made previously by several investigators
using TSD codes and have been in generally good agreement with the experimental data.
Calculations with CAP-TSD are compared with steady flow data for ao = 0° and for Mach
numbers of 1.10 in figure 7. Generally good agreement is demonstrated. There is a shock on the
lower surface near the leading edge which is swept aft slightly more than the leading edge. Some
deviation of the results obtained with CAP-TSD from the data in this region is noted.

‘”ﬂ—\ﬁ “_'—_\'T_[jl" |
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ORIGINAL PAGE IS
OF POOR QUALITY

COMPARISON OF CAP-TSD AND EXPERIMENT
F-5 MODEL, STEADY FLOW, M = 1.32, oo = 0°

Corresponding calculations for the F-5 wing at M = 1.32 are shown in figure 8. Generally good
agreement is also evident at this higher Mach number. The shock on the lower leading-edge
surface that was present for M = 1.10 is no longer evident.
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COMPARISON OF CAP-TSD FLO57MG (EULER), AND EXPERIMENT
F-5 MODEL, STEADY FLOW, M = 1,10, ao = 0°

A further comparison for M = 1.10 with a steady-flow Euler code (FLO57MG) is given in figure
9. The Euler calculation uses a C-type grid which wraps around the nose of the airfoil and is
able to resolve the leading-edge shock in more detail. The pressures over the remainder of the
wing are in reasonable agreement taking into account the coarseness of the grid for the Euler
calculation (approximately 24,000 points).
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COMPARISON OF CAP-TSD AND EXPERIMENT
F-5 MODEL OSCILLATING IN PITCH ABOUT 50% Cr

M = 1.10, k = 0.116, a0 = 0° a1

UPPER SURFACE

0.267°

Unsteady pressures are calculated with CAP-TSD for one reduced frequency for each of these two
Mach numbers for the F-5 model wing. Upper and lower surface pressures are compared with
experiment separately. The upper surface pressures for M = 1.10 and k = 0.116 are shown in

figure 10. There is generally good agreement with the data. A typical supersonic loading is

evident with only modest variations along the chord.
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COMPARISON OF CAP-TSD AND EXPERIMENT
F-5 MODEL OSCILLATING IN PITCH ABOUT 50% Cr

M= 110, k = 0.116, 0o = 0° a1 = 0.267°
LOWER SURFACE

The lower surface pressures corresponding to the upper surface results of the previous figure
are shown in figure 11. In the region of the lower surface shock, a large peak in unsteady
loading is apparent which appears to be due to an embedded transonic flow region. CAP-TSD
gives reasonable trends for this’case even for the very large unsteady loading at the tip station.
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COMPARISON OF CAP-TSD AND EXPERIMENT
F-5 MODEL OSCILLATING IN PITCH ABOUT 50% Cr

M =132, k = 0.198, 0o = 0° a1

UPPER SURFACE

= 0.222°

Unsteady pressures for the upper surface of the F-5 model oscillating in pitch at M = 1.32 are
shown in figure 12. Again there is generally good agreement with the data in a similar manner
to the agreement for M = 1.10 for the upper surface.
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COMPARISON OF CAP-TSD AND EXPERIMENT
F-5 MODEL OSCILLATING IN PITCH ABOUT 50% Cr
M = 132, k = 0.198, ao = 0° a1 = 0.222°
LOWER SURFACE

The lower surface pressures for the F-5 model at M = 1.32 are presented in figure 13. The
large peak near the leading edge that was evident at M = 1.10 does not appear in these results.
Generally good agreement with the data is again obtained.
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COMPARISON OF CAP-TSD AND EXPERIMENT
RAE TAILPLANE MODEL, STEADY FLOW, M = 1.20, ao = 0.0°

The RAE tailplane model was built and tested by the British RAE. The tailplane is a planform
that is typical of a tailplane for a supersonic fighter. It has a panel aspect ratio of 1.20, a taper
ratio of 0.27, and a leading-edge sweep angle of 50.2°. The airfoil is approximately a NACA
64A010.2 which is thicker (10.2% thick) than is typical for supersonic wings. Only upper
surface pressures were measured for this model.

Calculated steady results from CAP-TSD for ao = 0° and M = 1.20 are compared with measured
pressures in figure 14. The measured pressures shown are the mean values measured at 3 Hz
(k < 0.015) as steady pressures were not measured for these Mach numbers. The agreement is
quite good at all five span stations.
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The calculated steady results for M = 1.32 are compared with the experimental results in
figure 15. Here the agreement is good inboard, but some deviation is shown near the tip.

COMPARISON OF CAP-TSD AND EXPERIMENT
RAE TAILPLANE MODEL, STEADY FLOW, M = 1.71, ao = 0.14°
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COMPARISON OF CAP-TSD, FLO57MG (EULER) AND EXPERIMENT
RAE TAILPLANE MODEL, STEADY FLOW, M = 1.71, oo = 0.14°

Corresponding calculations for M = 1.71 with FLO57MG using the Euler equations are presented
in figure 16. The results from CAP-TSD and the Euler results are in close agreement. The
results from FLOS7MG also show the deviation from the data near the tip.
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COMPARISON OF CAP-TSD AND EXPERIMENT
RAE TAILPLANE MODEL OSCILLATING IN PITCH ABOUT 68% Cr

M =120, K = 0.346, a0 = 0°, a1 =

.378°

Unsteady pressures for pitching oscillations of the RAE tailplane model at M = 1.20 and 70 Hz
are presented in figure 17. Good overall agreement for the in phase (or real) data is obtained
but the out-of-phase components (imaginary) are under predicted somewhat. As previously

indicated, pressures were measured only on one surface.
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COMPARISON OF CAP-TSD AND EXPERIMENT
RAE TAILPLANE MODEL OSCILLATING IN PITCH ABOUT 68% Cr

M =171, K = .270, oo = .14° a1 = .570°

The unsteady results for the tailplane oscillating at 70 Hz at M = 1.71 are shown in figure 18.
The agreement is comparable to that of M = 1.20. The unsteady loading has less of a peak near
the leading edge for M = 1.71 than for M = 1.20.
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COMPARISON OF CAP-TSD AND EXPERIMENT
RAE TAILPLANE MODEL M = 1.71, 0o = 5.14, STEADY FLOW

Some measurements were made at 5° mean angle of attack for this model. Pressures on the
lower surface were obtained by testing the upper surface at the corresponding negative angle of
attack. The steady pressures for ao = 5° and M = 1.71 are compared with results from CAP-
TSD in figure 19. Both the thickness loading and the pressure difference are reasonably well
predicted even at this large angle of attack and Mach number. Again some deviation of the
results from the data is evidenton the upper surface near the tip.

6 - -
: r
L Upper L Experiment (RAE) L
4 / xpel ° OOOOOO\OO_O/
2 / oo 2 L o j L 0009 > o
2+ o s o | [S]=]al=lul=ng
-C oeBh “os-. 1 goBEaET=—= ] g)o g B
p 0 : = i £
r o B-EC J 02
-2L : :\J} el - - i
ngD\ Lower o CAP-TSD .
-8 2 5
i

| n-o042
6 .
ol n=0.14
2F
&W
-Cp 0 oBBeOorBE-8--
A D,”
/D”/
-2 +ggo
D/
-4 ;
_.61 1 Il 1 1 )
0 2 4 6 8 1.0
x/c
Figure 19



CONCLUDING REMARKS

A transonic unsteady aerodynamic and aeroelastic analysis code called CAP-TSD has been
developed for application to realistic aircraft configurations. The new code now permits the
calculation of unsteady flows about complete aircraft configurations for aeroelastic analysis in
the flutter critical transonic speed range. It uses an AF algorithm that has been shown to be very
efficient for steady or unsteady transonic flow problems including supersonic freestream flows.

Results were presented for several wings that demonstrate the applicability of CAP-TSD for
supersonic flows including embedded transonic flows. Comparisons with known exact analytical
solutions from linear theory demonstrated that CAP-TSD gives reasonably good fidelity to
approximating weak shock waves, but with smearing of strong discontinuities. Unsteady lift
was well predicted for a two-dimensional flat plate airfoil and for an oscillating rectangular
wing. CAP-TSD results for the thin F-5 wing were in good overall agreement with
experimental steady and unsteady pressures and with a steady flow Euler code. One case with an
embedded swept shock near the lower surface leading edge indicated that embedded transonic
flows can be treated. Results for the RAE tailplane model were in good agreement with the
measured data for both steady and unsteady cases, and with a steady calculation with an Euler
code. Good agreement was also found for a steady flow case at a Mach number of 1.71 and five
degrees mean angle of attack. The present study has demonstrated the applicability of the CAP-
TSD code to flows with supersonic freestream with favorable comparisons of selected cases.
Improvements to the shock capturing characteristics and the supersonic outer boundary
conditions for supersonic flows are desirable. (Fig. 20.)

CONCLUDING REMARKS

® CAP-TSD applied to wings in supersonic flow
e Results compare favorably with exact linear theory solutions
e Generally good agreement with experiment for F-5 and tailplane models

e Improvements needed in shock capturing and outer boundary conditions

Figure 20
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spstaact *

A transonic equivalent strip (TES) method has
been further developed for unsteady flow computa-
tions of arbitrary wing planforms. The TES method
consists of two consecutive correction steps to a
given nonlinear code such as LTRAN2; namely, the
chordwise mean-flow correction and the spanwise
phase correction. The computation procedure
requires direct pressure input from other computed
or measured data. Otherwise, it does not require
airfoil shape or grid-generation for given
planforms. To validate the computed results, four
swept, tapered wings of various aspect ratios,
including those with control surfaces, are selected
as computational examples. Overall trends in
unsteady pressures are established with those
obtained by XTRAN3S codes, Isogai's full potential
code and measured data by NLR and RAE. In
comparison with these methods, the TES has achieved
conslderable saving in computer time and reasonable
accuracy which suggests immediate industrial
applications.

INTRODUCTION

Considerable attention has been directed in
recent years towards the technology development of
transonic aeroelastic applications with particular
emphasis on transonic flutter predictions. Based on
transonic small-disturbance equations (TSDE),
computational methods for unsteady transonic flow
have been developed extensively both in two and
three dimensions, notably LTRANZ2 (now ATRAN2) (Refs.
1,2) and XTRAN3S computer codes. Various versions
of XTRAN3S codes (Refs. 3,4,5) and a number of full
potential methods (Refs. 6,7) are all in good
progress. Recently, Guruswamy and Goorjian (Ref.
3), and Borland and Sotomayer (Refs. 4,8) have
applied their XTRAN3S codes to Northrop F-5 wing
planform. Bennett et al. (Ref., 9) have applied
Langley XTRAN3S code for a RAE swept wing; Ruo and
Malone (Ref. 10) have applied the same code for LANN

. wing computations. 1Isogai and Suetsugu (Ref. 6)
have applied their full potential code to various
planforms including the AGARD standard RAE wing with
an oscillating flap. Most of these results have
shown good agreement with the measured data of NLR
and RAE.

Although these methods could produce reasonably
accurate results, computation efficiency and the
grid generation procedures remain to be improved

e 3] before these codes can be adopted for industrial

————e
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applications. For flutter predictions and
aeroelastic optimizations, a more efficient computer
code capable of rapid computations is sought by the
aerospace industries, since cost-effectiveness is
one of their main concerns,

Motivated by these considerations, we have set
forth to develop a simple and more efficient method
for unsteady, three-dimensional flow computations.
Our objective is to achieve: (1) computation
efficiency, (2) flexibility and ease of applications
for flutter and (3) a unified subsonic/transonic
method for arbitrary planforms. Consequently, a
preliminary version of the transonic equivalent
strip (TES) method has been developed (Ref., 11).
The results obtained for rectangular-wing studies
show promise for the TES formulation. Hence, it
prompts further development. In this paper, the TES
method is further developed so that all procedures
are automated for aerodynamic computations. Thus it
can be readily adopted by the flutter prediction and
the aeroelastic optimization programs. To validate
the present method, a fairly comprehensive
comparison with available data (s given for a
number of wing planforms including those with
control surfaces.

TRANSONIC EQUIVALENT STRIP (TES) METHOD

The use of strip concept for unsteady transonic
computations was first proposed by the ONERA group
(Ref. 12). A similar strip approach, but involving
quasi-steady approximations, was recently
implemented at NLR (Ref. 13). 1In both cases,
however, only wing planforms of large aspect-ratio
are treated and possible applications of their
methods to low aspect-ratio wings are not forth-
coming. By contrast, the present TES method has
developed a more general scheme which could handle
arbitrary planforms including oscillating control
surfaces.

Correction Procedures

Specifically, the present method consists of the
applications of two correction steps to a given two
dimensional code; it could be a nonlinear code such
as LTRAN2 or it could be a time linearized one. The
basic correction steps are: (1) the mean-flow
correction applied in the chordwise direction and
(2) the phase correction in the spanwise direction
(see Fig. 1 for flow chart). The first correction
is fully automated by an inverse design procedure
(IAF2 code) in that the local shock structure is
properly recovered according to the given mean flow
input provided by a selected computational method or
by measured data. In this inverse problem, as
solved by Fung and Chung (Ref. 14), the velocity
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potential from integrating the pressure on the slit
representing an airfoil is known up to an arbitrary
constant. To determine this constant, a closure
condition is imposed, e.g., the resulting slope
distribution being equivalent to a closed body.
This constant is being updated during the numerical
iteration process until a converged solution
satisfying the closure requirement {s obtained.
Once the slope distribution of the new equivalent
airfoil 1s found and the steady flow field fixed,
unsteady responses can then be calculated by varying
the slopes to account for unsteady motions. The
latter step can be accomplished by applying LTRAN2
code to the equivalent airfoil.

For the second correction, we make use of the
three-dimensional linear wave analogy in the sense
that the phase angles are redistributed along the
span according to the physical model of acoustic
wave propagations in a uniform medium. This i{s to
say that while the first correction accounts for
reproducing the nonlinear structure of the three-
dimensional mean flow, the second correction is
responsible for the adjustment of the spanwise phase
lag of the pressure according to an equivalent
linear three-dimensional flow. 1In practice, a
typical lifting surface method such as Doublet
Lattice code (Ref. 15) is adopted for the second
correction. Clearly, shock waves cannot be created
or destroyed by any process of these corrections.

We should note that the present terminology of
"strip method" is defined only by the stripwise
computation procedure and is otherwise irrelevant to
the classical strip theory. The above correction
procedwres clearly indicate that the present TES
approach is equivalently three-dimensional, since
there is no restriction to the wing aspect-ratio.

Justification

It has been pointed out by Fung and Lambourne
(Ref. 16,17), among others, that an accurate steady
state with correct shock jump and location is
essential for correct unsteady aerodynamic computa-
tions. It i{s believed that TSDE in general should be
adequate for computation of unsteady disturbances,
which are acoustic signals assumed to be small in
conventional flutter analysis. However, when
applying TSDE methods, inaccuracy may occur as a
result of the local failure at the wing leading edge
and the limitation in the prediction of the shock
strength. Since an accurate steady state pressure
field is desired, an alternative is to find the
airfoil slopes, or equivalently the airfoil, that
corresponds to a given pressure distribution. This,
in turn, suggests the inverse design procedure used
in the first correction.

Meanwhile, the unsteady aerodynamics of wing
flutter at transonic speed is complicated by the
embedded supersonic region. Disturbances downstream
cannot be felt directly at an upstream point. As a
result, the phase lag between unsteady motion of the
wing and corresponding aerodynamic response
increases as the supersonic region gets larger.
While this effect is important in the chordwise
direction of a wing, the existence of supersonic
region should not affect the way an acoustic signal
propagates in the spanwise direction, With the
exception of highly-swept wings, the flow-induction
effect in the spanwise direction should be subsonic
in nature. It is therefore conceivable that the
correlation between the aerodynamic responses at
different spanwise stations is a linear one as
assumed in conventional flutter analysis, and that
the unsteady aerodynamic responses due to structural
deformations of a wing at transonic speeds are

similar in nature to those at the corresponding

subsonic speeds, except in the streamwise direction.
ANALYSIS

Governing Equations

The simplest form of the time-dependent three-
dimensional TSDE can be expressed as

Coy, * Doyy * 0, " 2Boy, ¢ Ab, (1
where
A= MI K620, B = MZKE, Co= K- T,
K= (1-M2)/6%/?, T = (Y+1)M? and

D = c?/b2g2/3,

The nondlmeﬁsional quantities and coordinates are
defined as

¢ = #/(cs?/%u )
(x,y,z) = (x/¢, y/b, z&'73/¢c),

t = Em and k = wc/Ua B
where all barred symbols denote the true physical
quantities, parameters ¢, b, § and w represent the
root chord, the semi-span, the airfoil thickness
ratio and the circular frequency of oscillation,
respectively.

The potential ¢ can be split
components, {.e.,

into two

¢ = do(x,2,t) + ¢, (x,y,z,t;0a) (2)
satisfies the nonlinear, two-dimensional
equation (set D = 0 in Eq. (1)) as can be solved by
LTRAN2 code; ¢, 1s the correction potential
accounting for the three-dimensional effect
attributed to a small unsteady disturbance due to
the amplitude Aa. The three-dimensional unsteady
disturbance is assumed to be small as compared to
the two-dimensional one at all times; hence, the
nonl inear term in the ¢,-equatian can be neglected,
resulting in a linear equation for ¢,, i.e.

where ¢,

Klex- r(°0x01x)x’ DOxyy' ¢lzz = ZBO'XK+ A@ltt (3)
Foregoing physical argument in the TES method allows
for further simplificatlon of Eq. (3) by ignoring
the coupling term (¢, ¢, . In so doing, Eq. (3)
{s reduced to the acous¥ic® eﬁuation where ¢, can be
simply solved by the conventional subsonic lifting
surface method (Ref. 15).

To further justify the spanwise connection
procedure, it is helpful to investigate the

characteristic surfaces due to Eq. (1),

2 2 2 2
By Bzt e G oyt G e Dt )

Expressed in the dimensional form and for t > 0, Eq.
(4) can be recast into a general form, see Fig. 2A

- -~ 2 - 2 - 2 - 2
(X-UD) + Oy + (z) = Oagt) (5)

where A2 =1 |, for linearized subsonic flow,

A2 = 1—(701)M_y£ , for transonic flow.
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defined as M =

zero. Eq. (&) indicates that the traveling source
of small disturbance is emitted from (uqt,o,o) at
the instant t, whose wave front is a sphere for
linearized subsonic flow and an ellipsoid for
transonic flow (Fig. 2A). Hence, the expanding wave
fronts propagate at wave speeds in_the chordwise-
and spanwise-strip planes, for y = yi and x = xi,
respectively, with

M. is a local, small-disturbance Mach numz: y ; s
& s' ¢-/a_; hence, A? must be positiv Er POOR QUAL'T! D
p

Eg - _—ié-i-—-— (chordwise)
dt a Er—j_i?
@ i
and _ -
Ei = [a: i} U:)t ' Uaxi (spanwise)
& Jat - Gpub)

Note that at x = U_t or y = 0, the rate of
propagation becomes identically sonic; otherwise it
is time-dependent. Most importantly, along these
strip planes, the event diagrams (x-t diagrams)
clearly show that while the propagation {n the
chordwise strip plane is of mixed type which could
be either locally subsonic or supersonic, depending
on the difference between a_ and Un, the propagation
in the spanwise strip Iis unconditionally subsonic,
which is independent of the a_ and U relations
(Fig. 2B).

Boundary Conditions

Oon the mean surface of the wing planform the
potentials must satisfy the tangency condition, i.e.
at z = 0,

002 = 6Fx(x,y1) + oo, + a,-(Hx *,kHt) , (6)

by, = ba - (Hx* kHt) ’ (7

where F(x,y.,) is the stripwise wing surface
geometry, y. is the "ith" spanwise location, a, is
the mean angﬁe of attack, and H(x,t) depicts the
wing motion with oscillation amplitude a, + Aa.
While Aa is the small amplitude which induces the
three-dimensional unsteady disturbances, Ao is
actually related to the two-dimensional amplitude a,
by Aa = o{a,).

Qutside of the wing planform, the potential ¢
must satisfy the radiation condition in the lateral
and the upstream far fields. The zero pressure jump
condition across the wake sheet and along which
there is no flow discontinuity must be maintained.
Also, an unsteady pressure wave must attenuate far
downstream. Since these boundary conditions are
linearized consistent with the small-disturbance
assumption, expressions for ¢, and ¢, become
decoupled. Thus, it renders the correction steps to
be applied in a consecutive manner.

Pressure Coefficients

Due to a small oscillatory amplitude a, the

pressure coefficient can be decomposed into

c. =c +A48cC - a

P P P
where ¢ is the steady mean pressure coefficient and
Acp is the unsteady pressure coefficient defined as
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.spanwise location y =

sed - (1) /o (8

5 PUs

and P, denoting the pressure at upper and
the superscript j = 2, N and "("

with P
lower surfaces,

denotes the linear subsonic values and "N" denotes
the nonlinear transonic values. Clearly,
aN = a, and az = An .
In terms of the strip concept, Eq. (6) can be
written as
se d = e, pJ (x,y,z;k) , (9)
P
s d e, P (x,y,,23K) (10)
Po 1

where ¢, and ¢, are constants and the subscripts 0
and 1 denote, respectively, the two-dimensional
strip value and the three-dimensional value at the
y. . While the first
correction is applied at the level of Eq. (8), the
spanwise correctiog is imglied by the pressure-mode
relation between pi and p, which can be expressed as
pl - pd Py . (1)
According to the foregoing arguments of wave
propagations in the stripwisé characteristic plane,
the nonlinear spanwise pressure function f (y;k) can
be approximated by its linear counterpart f (y;k)
throughout the spanwise correction procedure.

In passing, we note that in all the figures
presented, Ac ' and Ac " are the real and imaginary
parts of the uRsteady pPessure Ac_representing the
in-phase and out-of-phase pressurg coefficients.

RESULTS AND DISCUSSION

To demonstrate the present TES method and to
validate its computed results, four different wing
planforms are selected for comparison with available
data. These include Northrop F-5 Wing in pitching
motion and with an oscillating flap, LANN wing in
pitching motion, RAE/AGARD tailplane in pitching
motion and AGARD standard RAE wing with an
oscillating flap. The sections selected are given
in the table 1 below:

Table 1 Selected Wing Sections
Planforms Sections / Semi-Span %
F-5 Wing 1, 2, 3, 5, / 18,1, 35.2, 51.2, 72.1,
6, 7, 8 / 81.7, 87.5, 97.7
LANN Wing 2, 3, 4, 7/ 32.5, 41.5, 65.0
5, 6 / 82.5, 95.0

RAE Tailplane 1, 2, 3, 5/ 14,0, 42.0, 66.0, 96.0

Steady Mean-Flow Results: Equivalent Airfoil Design

For all steady mean-flow pressure design
outputs, the present computed results using the IAF2
code for equivalent airfoil design are shown by
solid lines, whereas the input data in general are
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shown by open symbols. Figure 3A and 3B display the
pressure inputs for upper and lower surfaces at
selected sections listed above at M, = 0.9 for LANN
wing and F-5 wing based on NLR's measured data
(Refs. 18,19). For the case of F-5 wing at M_ =
0.95, it can be seen from Figure 3C that "strong"
shock occurs near the wing trailing edge. Hence
some care must be exercised to input the pressure
data. To demonstrate the flexibility of the TES
method, we adopt the computed results of XTRAN3S-
Ames (Ref. 3) as our pressure inputs. Notice that
minor discrepancies between input and output results
appear behind the mean shock. Figure 10A shows the
comparison of input data measured by RAE (Ref. 9)

and the TES output results for a RAE tailplane at M.

= 0,.9. Figure 11 presents the steady pressures
for the RAE wing at U45% spanwise location using the
computed results of the Bailey-Ballhaus code (or
GACBOPPE code) as inputs, as no measured data were
provided for this section in Ref, 20. For all cases
considered, the comparison between the input data
and the output computed results are generally in
good agreement.

Unsteady Pressure Results: LTRAN2/TES Computations

For unsteady computations, the LTRAN2 code |s
adopted as our computation basis because of its
inclusion of nonlinearity and ease of application,
In all figures presented for unsteady pressures,
solid lines denote the present TES method, whereas
lines attached with triangular symbols represent
various versions of XTRAN3S codes, with the
exception of Figure 11. The open square and circle
symbols denote the NLR or RAE measured data for in-
phase and out-of-phase pressures, respectively.

Figures 4, 5 and 6 contain unsteady results at
various spanwise sections of Northrop F-5 wing in
pitching oscillation at M, = 0.9 and at given
reduced frequencies kc- 0.274, 0.55 and 0.136,
respectively., Figure7 presents the unsteady results
for the same wing in pitching oscillation at M_ =
0.95. The pitching axes for all cases of F<5 wing
are located at 50% root chord. For all cases at M,
= 0.9, it can be observed that the present results
practically follow the same trend as those of
XTRAN3S codes. Better correlations are found at
lower frequencies than for those at higher
frequencies. In Figure 5, overpredicted unsteady
shock appears in section 5 which suggests that the
three-dimensional, wave cancelling mechanism acts at
high frequencies more effectively than a locally
two-dimensional one. 1In Figure 7, the resulting
unsteady pressures at M_ = 0.95 appear also to
follow the same trend as those of NLR and XTRAN3S
code, except that the unsteady shock strength is
again overpredicted by the present method. To
investigate this problem further, we change over the
pressure input as predicted by XTRAN3S to the NLR
measured data which contains a weaker mean shock.
As shown in Figure 8, the unsteady pressures are
indeed improved near the shock and are otherwise
unaffected. This further verifies ow contention
that the steady shock strength and position are the
most crucial for unsteady pressure predictions.

Figure 9 presents the in-phase and out-of-phase
pressures of the LANN wing with pitching axis
located at 62% root chord. Throughout five spanwise
locations considered, the present results for upper-
surface compare more favorably with the NLR measured
data than do the XTRAN3S results. Meanwhile,
suberitical flows are predicted for lower surfaces;
hence, the unsteady pressures do not contain shock-
Jump. Figure 10 presents pressure results for a

highly-swept RAE taflplane of A = 50.2° at M_ = 0.9
and at zero mean incidence. Because the present
method uses thne measured data inputs, it can be seen
that the predicted unsteady shock positions
correlate better with the RAE data than do the
XTRAN3S results. It should be cautioned that Eq.
(1) may not be suitable for wings with large
sweepback angles, as the side wash could be of the
same order as the mean convective velocity. One
would therefore expect that for both steady and
unsteady flow, discrepancies will occur near the
wing tip, particularly for wings with low aspect
ratios. Such deterioration in pressure estimates
was observed in Ref. 9. )

In general, overall trends of unsteady pressures
were obtained with TES method from Figures U4 to 10,
In some cases, insufficient adjustment of the phase
angle causes the underprediction of the unsteady
pressure level. It is believed that this type of
discrepancy may result from the linear approximation
inherent in the spanwise correction procediure.

Oscillating Flap

Figure 11 presents the computed and measured
data at 45% semi-span of AGARD standard RAE wing
with an osclllating flap starting at 70% chord. It
is interesting to observe that the present results
and Isogal's full potential method (Ref. 6) are i{n

‘good agreement with RAE measured data. Figure 12

compares in- and out-of-phase pressures at two flap
sections of F-5 wing at M_ = 0.9; the hinge line is
located at 82% chord. Closed agreements are found
with XTRAN3S results of Sotomayer and Borland (Ref.
8) and NLR measured data (Ref. 21). It should be
pointed out that in presenting the flap oscillation
data, usual practice in computational methods is to
connect the data points across the hinge line, in
the same manner as connecting the shock points; such
are the cases of Refs. 6 and 8. However, control
surface singularities in subsonic flow have been
well established by White and Landahl (Ref. 22).
Since the flow is assumed inviscid and is locally
subsonic, hinge line singularity, as we have
presented in these figures, should prevail.

Computation Time

In performing the first correction of the
present TES code (LTRAN2/IAF2), we used typically
103 x 97 grid points and assigned 240 time steps for
each cycle. Pressure data are read usually in the
fourth cycle, as the aerodynamic response normally
becomes periodic or harmonic after the third cycle.
Typically, it takes 700 iterations to achieve the
IAF2 steady pressure output. In an IBM 3081, the
CPU time for the first correction amounts to some
620 seconds. With 10 x 10 panels, the Doublet
Lattice code requires 40 seconds, with the
additional procedure, the CPU time amounts to
roughly 100 seconds. Hence, the total CPU time
required for running TES code on one strip adds up
to 720 seconds. The same case (e.g., Northrop F-5
wing) computed by XTRAN3S code would require
reportedly 2000 to 4000 seconds CPU time in the
CRAY-1S supercomputer. This would amount to an
equivalent CPU time in an IBM 3081 of about 10 hours
or more. With four strips chosen in this case,
present TES method usually takes up no more than
3000 seconds. Therefore, a saving of about ten- to
twelve-fold in CPU time can be achieved. With
further improvement to the TES pllot code, it is
expected that at least another reduction factor of
two in CPU time can be achieved.
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CONCLUDING REMARKS

A TES method has been developed for unsteady
transonic computations about wing planforms. Four
swept, tapered wings of various aspect ratios
including control surfaces are selected as
computational examples for validation of the TES
computer code. Computed results of TES code
practically follow the same trends as those of
XTRAN3S codes and full-potential code; all of them
have been verified with available measured data by
NLR and RAE.

In view of the satisfactory results obtained and
the effective procedures established by the TES
method, we believe that it is useful for immediate
aeroelastic applications. To summarize, the
following special features of the TES method are
worthy of notice: .

Applicability to General Planforms

In addition to its applicability to r'ecf.angular‘
wings, the TES method is equally applicable to
swept and tapered wing planforms with any given
aspect-ratio, including those with control surfaces.

No Need for Grid Generation

Any time-domain three dimensional computational
methods generally requires a grid generation
procedure, which could be planform-dependent in most
cases. The present TES method does not require such
a procedure.

Computation Efficiency

A rough estimate in CPU time indicates that to
compute aerodynamics for one given mode, using the
present TES code, is at least ten times faster than
using the XTRAN3S code. With further.improvement of
the current TES pilot code, it is expected that at
least another reduction factor of two in CPU time
can be achieved,

Flexibility and Ease of Application

Unlike other unsteady computational methods, TES
method makes use of the steady-flow pressures
supplied either by measurement or by steady
computational method. The flexibility of the TES
method lies in the pressure input scheme which does
not require airfoil shapes. For ease of applica-
tion, the input format of TES code will be unified
with that of the subsonic doublet lattice code.

Transonic A.I1.C. and Flutter

With the exclusion of chordwise bending modes,
the present TES method can be extended to the
construction of a three-dimensional aerodynamic-
influence-coefficient matrix, hence, the generalized
forces. These are the essential building blocks for
the TES method to become an efficient aerodynamic
tool for flutter analysis.
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OUTLINE

An outline of the presentation is shown here. First, the motivation for performing this
research is discussed. Next, the formulation of an isentropic full potential method is presented,
followed by a nonisentropic method. Since the methods that are presented use body-fitted grids,
methods for modeling the motions of dynamic grids are presented. Computed results for the
NACA 0012 and NLR 7301 airfoils are shown. Summary statements about this effort are
presented, and some conclusions are made.

MOTIVATION

ISENTROPIC FULL POTENTIAL
NONISENTROPIC FULL POTENTIAL
DYNAMIC GRIDS

RESULTS (NACA 0012, NLR 7301)

SUMMARY

© O O O o O O

CONCLUSIONS



MOTIVATION

One of the most important uses of methods that calculate unsteady aerodynamic loads is to
predict and analyze the aeroelastic responses of flight vehicles. Currently, methods based on
transonic small disturbance (TSD) potential aerodynamics are the the primary tools for
aeroelastic analysis. Theoretically, TSD methods are limited to thin bodies undergoing smalil
amplitude motions. Full potential (FP) methods do not have these limitations, but flow
solutions obtained using isentropic potential theory--TSD or FP--can be highly inaccurate and
even multivalued. This is because isentropic potential methods do not model the effects of
entropy that is produced when shock waves are in the flow field. Thus, the goal of this effort is
to develop an unsteady full potential method that models the effects of shock-generated entropy‘f

O TRANSONIC SMALL DISTURBANCE THEORY IS THE PRIMARY
AERODYNAMIC TOOL FOR ANALYZING TRANSONIC AEROELASTIC
PHENOMENA

O TSD LIMITED TO THIN BODIES UNDERGOING SMALL AMPLITUDE
MOTIONS

O SOLUTIONS FROM ISENTROPIC POTENTIAL THEORY CAN BE
HIGHLY INACCURATE AND MULTIVALUED

O GOAL OF THE PRESENT EFFORT IS TO DEVELOP AN UNSTEADY

FULL POTENTIAL METHOD THAT MODELS NONISENTROPIC
EFFECTS
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ISENTROPIC FULL POTENTIAL
(GENERALIZED COORDINATES)

Shown here is the formulation of the isentropic full potential method in generalized
coordinates. The first equation is the continuity equation in strong conservation form, where
1t is computational time, and £ and { are the computational coordinate directions around and
normal to the airfoil, respectively. Density p is given by the expression in the second equation,
where vis the ratio of specific heats, M is free stream Mach number, ¢ is the velocity
potential, and the nondimensional physical time is denoted by t. The variables U and W are the
contravariant velocities in the & and { directions, respectively. The metrics of the body-fitted
grid are A1,A2, and A3. The Jacobian of the coordinate transformation is given by J, and  is the
density divided by the Jacobian. The density, biased to introduce artificial viscosity and capture
shock waves, is denoted by p.

A~ pU A
p +EF + W) =0
T Ik ¢

. ) L
p= (14335 M - 20 - (U+E)0, - (W+{)o T} 7

U= gt + A1¢§ +A,0 W = Ct + A2¢§ + A3¢C

¢
T=EL -EL

p= '?— p = biased density



ISENTROPIC FULL POTENTIAL
(FACTORIZATION)

The isentropic full potential formulation is linearized and factored as shown in this figure.
Here, Lz and Ly represent differential operators in the & and { directions. The right side of the
factored equation is the discretized form of the continuity equation plus some other terms not
shown. The subscripts i and j represent grid points in the & and { directions, respectively, and
the superscripts n and n-1 represent computational time levels. Solutions for ¢ are advanced
in time by adding the potential from the previous time step ¢n to the correction A¢.

2 . ~n-1 ~
h™ an_ -1 pU n
_h oo -p pr _
LAl O i (i
EUH n n ~ n

T2 * Wi PVl *

n+1
Ap=¢ -9
h=A7

2=y
—p_
P="3
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FLUX BIASED DIFFERENCING

The flow equations are discretized spatially using flux biased differencing. Artificial viscosity,
necessary to capture shock waves, is introduced into the difference equations by defining the

biased density p as shown in the figure. The (pq)- term is the difference between the actual
flux pq and the sonic flux p*q* in supersonic regions and is zero in subsonic regions.
Expressions for the total speed q, sonic speed q*, and sonic density p* are shown in the figure.

~ 1 ~
p=4lPa A&(pq)gl

(P9) =pq-p*q* q>q*
0 q < q*

2 2
=A 0 +2A +A0°

2 2 -1 .2
7 L
p* =(q* )1



CHARACTERISTICS OF FLUX BIASED DIFFERENCING

Flux biased differencing (a) accurately tracks sonic conditions and automatically specifies the
correct amount of artificial viscosity, (b) produces no velocity overshoots at shock waves,
allowing for larger time steps for unsteady calculations, (c) produces well defined, monotone
shock profiles with a maximum two point transition between the upstream and downstream
states, and (d) dissipates expansion shocks, ruling out solutions with such nonphysical
characteristics.

O AUTOMATICALLY SPECIFIES CORRECT AMOUNT OF ARTIFICIAL
VISCOSITY

O ALLOWS FOR LARGER TIME STEPS
O PRODUCES TWO POINT SHOCK WAVES

O DISSIPATES EXPANSION SHOCKS
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NONISENTROPIC DENSITY

To model the jump in entropy across shock waves, the density downstream of shock waves is

modified to pig-AS/R. The entropy jump is a function of the normal Mach number upstream of
the shock wave Mn. The isentropic density is given by the expression in the figure and is the

same as that shown in the formulation of the isentropic potential method. When the expression
for the nonisentropic density is inserted into the continuity equation, the equation at the bottom
of the figure is obtained. Except across shock waves and wakes, the last part of that equation
vanishes. Thus, except at those locations, it is necessary only to solve the classical full
potential equation.

-As

R 2
p=pe As = f(Mn)

1

1

a -1
py= 1+ (OIM - 20 - (UHE)D, - (WHE)0, D)

-As -AS .
®A  pU A D As _
e [0+ P, +OW) 1+pe  piR) =0



NONISENTROPIC FULL POTENTIAL
(FACTORIZATION)

When nonisentropic effects are modeled, the factored equation becomes as shown at the top of
the figure. The nonisentropic biased density for U > 0 is given by the expression at the bottom
of the figure.

2
b Pe ). -(Pe ). oU.n pU.n
~ 512 i1

-As

- R
Pis12y =P iyt

P4 -p*q*). .,
qi+1/2,j i i-1/2,j
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DYNAMIC GRIDS

To apply the airfoil surface boundary conditions at the instantaneous surface position requires a
new grid at each time step. For this work, the body-fitted grids were generated using an elliptic
method. Using this method, the resources required to generate the grids can be more than those
necessary to do the aerodynamic calculations. Thus, an efficient grid interpolation method is
used to generate the required grids. To simulate harmonic motions, the elliptic method is used
to calculate grids at the extreme airfoil positions, and the grids for all other airfoil positions
are generated using linear interpolation. Interior grid points are redistributed at each time
step, while points on the outer boundary remain fixed.

The figure shows grid interpolation for an airfoil pitching about a point xp. A polar coordinate
system centered at xp is used. Using the subscripts 1 and 2 to denote the minimum and

maximum pitch angles, the position of each grid point at any time t is given by the expressions
for r(r) and 6(t). The interpolated grid points are then obtained from the expressions for x(t)
and z(t) given in the figure.

O ASSUME LINEAR VARIATION BETWEEN EXTREME POSITIONS
O OUTER BOUNDARY FIXED

oc(t)—oc1
Outer Boundary r(T)':r +-————r -r
T o (ry-1))
2 1
oz(t)--oc1
01)=6. +— 29 -9
T ®,-9)
2 1

X(T) = r(T)cosB(T) + x

p

z(T) = 1(T)sinf(7)



NACA 0012
STEADY FLOW SOLUTIONS
M= 0.84, o =0°

This figure shows steady pressures that are calculated on the NACA 0012 airfoil using the
isentropic and nonisentropic full potential (FP) methods and an Euler method for M = 0.84,
a = 0°. For this airfoil, the flow conditions are in the region where multiple solutions are
known to occur. The isentropic FP result is asymmetric with negative lift. The Euler solution
is symmetric with zero lift. The nonisentropic FP calculation yields a symmetric, nonlifting
pressure distribution that shows good agreement with the Euler pressures. Thus, the
nonisentropic FP method eliminates the phenomenon of multiple flow solutions.

Isentropic FP upper
- == |gentropic FP lower
Nonisentroplc FP

— == Euler
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NACA 0012
ISENTROPIC COMPUTATIONS
M = 0.755, o = 0.016° + 2.51°SIN(Kt), K = 0.814

This figure shows comparisons of calculated isentropic transonic small disturbance and full
potential (FP) unsteady pressures with experimental data. Generally, the FP pressures are in
good agreement with experiment, but the shock wave is too strong and located too far aft on the
airfoil.

© Experiment upper
D Experiment lower
FP upper
~=~=—FP lower

—-——— TSD upper
—==~——TSD lower
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NACA 0012 OF POOR QUALITY

NONISENTROPIC COMPUTATIONS
M = 0.7565, o = 0.016° + 2.51°SIN(Krt), K = 0.0814

This figure shows comparisons of isentropic and nonisentropic full potential (FP) pressures
with experimental data. Generally, the effects of modeling the shock-generated entropy are to
weaken the shock wave and move it forward on the airfoil. As a result, the nonisentropic FP
calculations show improved agreement with the experimental data.

O Experiment upper
O Experiment lower
Isentropic upper
—===tsentropic lower

- Nonisentropic upper
== e Nonisentropic lower
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NLR 7301
STEADY STATE PRESSURES
M= 0721, « = -0.19°

Shown in this figure are comparisons of the full potential (FP) pressures with Euler
calculations and experimental data for the NLR 7301 airfoil at M = 0.721, a = -0.19°. For
this case, the effects of shock-generated entropy are small, and the two FP solutions are nearly
identical. Thus, the isentropic and nonisentropic FP calculations are shown as one line,
designated "FP". Results obtained using the potential methods show very good agreement with
experimental data and with thé Euler calculations. The shock location is slightly upstream of
the experimental location and slightly downstream of the location predicted by the Euler method.

-1.6 o Experiment upper
o Experiment lower
-1-2 .o
\_— FP
-8 Euler —
o \
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NLR 7301
STEADY STATE PRESSURES
M=107 a= 2°

This figure shows a comparison of isentropic potential and Euler pressures on the NLR 7301
airfoil for M = 0.7, a = 2°. The shock wave calculated with the isentropic method is too strong
and located too far aft on the airfoil, suggesting that this case is outside the range of validity of

the method.

Isentropic FP upper
-—== |gentropic FP lower
o Euler upper
o Euler lower

171



NLR 7301
STEADY STATE PRESSURES
M=07 0 =2°

Modeling the nonisentropic effects brings the potential flow solution into good agreement with
the Euler results. The shock waves differ in location by only 3 percent chord and have nearly
the same strength. In addition, the agreement of pressures on the lower surface is excellent.

Nonisentropic FP upper
--==Nonisentropic FP lower
o Euler upper
o Euler lower
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SUMMARY

An unsteady full potential method for calculating flows with strong shock waves has been
presented. The method uses approximate factorization to advance the solutions in time and a
linear interpolation method to model dynamic grid motion. Calculated results were presented
for the NACA 0012 and NLR 7301 airfoils.

O PRESENTED AN UNSTEADY FULL POTENTIAL METHOD FOR FLOWS
WITH STRONG SHOCKS

O USED APPROXIMATE FACTORIZATION TO ADVANCE SOLUTIONS
IN TIME

O USED LINEAR INTERPOLATION TO MODEL DYNAMIC GRIDS

O PRESENTED ISENTROPIC AND NONISENTROPIC CALCULATIONS
FOR NACA 0012 AND NLR 7301 AIRFOILS
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CONCLUSIONS

From the results that were presented, it can be concluded that nonisentropic potential methods
more accurately model Euler solutions than do isentropic methods. The primary effects of
modeling shock-generated entropy are (1) to eliminate multiple flow solutions when strong
shock waves are in the flow field and (2) to bring the strengths and locations of computed shock
waves into better agreement with those calculated using Euler methods and those measured

during experiments.

O MODELING NONISENTROPIC EFFECTS RESULTS IN A POTENTIAL
METHOD THAT MORE ACCURATELY MODELS EULER SOLUTIONS

O PRIMARY EFFECTS OF MODELING SHOCK-GENERATED ENTROPY

- MULTIPLE SOLUTIONS ELIMINATED

- COMPUTED SHOCK WAVES IN BETTER AGREEMENT WITH
EULER SOLUTIONS AND EXPERIMENT
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SUMMARY

A unified formulation is presented based on the full potential framework coupled with an ap-
propriate structural model to compute steady/unsteady flows over rigid/flexible configurations for
across the Mach number range (subsonic to supersonic). The unsteady form of the full potential
equation in conservation form is solved using an implicit scheme maintaining time accuracy through
internal Newton iterations. A flux biasing procedure based on the unsteady sonic reference con-
ditions is implemented to compute hyperbolic regions with moving sonic and shock surfaces. The
.wake behind a trailing edge is modeled using a mathematical cut across which the pressure is satis-
fied to be continuous by solving an appropriate vorticity convection equation. An aeroelastic- model
based on the generalized modal deflection approach interacts with the nonlinear aerodynamics and
includes both static as well as dynamic structural analyses capability. Figure 1 shows a schematic
of the coupling process. Some of the topics to be discussed are 1) mechanism for coupling the
aerodynamic and the aeroelastic equations, 2) update of geometry and grid at each time level to
maintain time accuracy, and 3) prediction of flutter point dynamic pressure.

Results are presented for rigid and flexible configurations at different Mach numbers ranging
from subsonic to supersonic conditions. The dynamic response of a flexible wing below and above
its flutter point is demonstrated.

UNOEFORMED ‘
BOOY SHAPE GRIO UPDATED GRID
- SOLVER

yy
DEFORMED FLOW
ooy SOLVER
SHAPE

AEROELASTIC EQUATION
SOGLVER

PRESSURES
ON
BOOY SURFACE

Fig. 1. Schematic of CFD/Aeroelastic Coupling
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AERODYNAMIC FORMULATION

The conservation law form of the time-dependent full potential equation cast in an arbitrary
coordinate system (7,(,7,£) is written as

prt+Ec+Fy+Ge=0

where

-]
I
<l

PG+ E¢: + F(y + G(;) /T (1)
G = (pbi + E&. + F&y + GE,) [T

and J, Jacobian for the transformation,'eis'"given by

J=0(r,¢{,n,6)/0(t,z,y,2).

E
F

il
7~~~

The density p is given by Bernoulli’s law

-1
pt=1- 12_M§°[2¢, + (U + &)

+(V +0e)dn + (W + &)de — 1]

(2)

where U, V, and W are the contravariant velocities.

Associating the subscripts 7,5,k with the {,,£ directions, a numerical approximation to Eq. (1)
can be written in the semidiscrete conservation law form given by

(%)r + (Ei,j,k+1/2 - i,j,k—l/z)
+ (ﬁi,j+1/2,k - i,j-l/2,k) (3)

+ (6'.'+1/2,j,k - 5;-1/2,;‘,1:) =0

!

t

where E,f‘,é are representative fluxes approximating the real fluxes E,F,G of Eq. (1).
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NEWTON ITERATION
In terms of the velocity potential, Eq. (3) can be represented as

R(¢)=0 (4)

where ¢ is the unknown to be solved at every grid point (¢,7,k) in the current (n + 1) time plane.
The Newton iteration for solution to Eq. (4) is

R(4.)+ (-‘}g) _as=0 (5)

where ¢, is the currently available ¢ at the (n+1)level and Ad = ¢ — ¢.. At convergence, A¢
will approach zero driving ¢ to ¢"t1. (See Fig. 2).

¢n + 1
: STEP 1
3 @"—do~ TIME LINEARIZATION
PROCEDURE. ¢ IS
INITIAL GUESS
b2
STEP 2
1
¢ o, 1. 0. b3, . ON Y YINTERNAL
! 01 %2- 73 NEWTON
ITERATION
>
LEVEL %0
- n+ 1-LEVEL

Fig. 2. Update of ¢ Based on Newton Iteration
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TIME LINEARIZATION
Treatment of Z (£) in Eq. (1)

o @o{ -6 ) -n{ @)
or (7) B a1An — b (Any + A1) (6)

where
a =(An + AT2)2 s A =7 A =t - L,

The unknown quantity in Eq. (6) is p"*!. Following Eq. (5), this is written as
po+(55) a8 ™)
p=r(8)+(36),

where A¢ = ¢ — ¢., and

@).... = almr e vam o], ©

is a differential operator. The speed of sound is denoted by a.
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FLUX BIASING

Equation (3) requires evaluation of E F and G at various spatial half node points. As
mentioned earlier, E represents E appearing in Eq. (1). The fluxes are defined in the following

manner. U v W
E = p— H ﬁ = p— ’ a = p—

3 3 3 (9)
where p is an upwind biased value of density, designed to produce the necessary artificial viscosity
for treatment of hyperbolic regions.

Ve "wWao
p= S+ o B 10
= oo+ {G5+ 5o+ G ] (10
where Q = VU2 + V2 + W2,
The quantity (pq)~ appearing in Eq. (10) is defined to be

(pg)" =pg—p*¢" ifg>g" (1)
=0 if ¢ <gq*.

The quantities p8¢*. p*. and ¢* represent sonic values of the flux, density, and total velocity,
respectively. These quantities are evaluated at half node grid points. (See Fig. 3).

§C83:26339

/ SONIC LINE
/
E / H
/
k—1/2/ k+1/2 k+3/2
,‘(, L o) . 4 ¥
k—1 | k k+1 k+2

a) TRANSITION THROUGH SONIC LINE

k+1/2 k+3/2

b) TRANSITION THROUGH SHOCK

Fig. 3. Notation for Flux Biasing
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AEROELASTIC MODEL

The aeroelastic model is based on the generalized modal approach. In the physical space, the
structural equation is written as

[m]z + [e]2+ (k] = {f}

where m, ¢, k, and f represent the mass, damping, stiffness, and force, respectively. The structural
deflection is given by 2. Using the generalized mode shape, ¢, one can rewrite the above equation

" M{a) + (O} + [K]{a} = {F)

where M, C, and K are generalized mass, damping, and stiffness matrices and {F } is the gener-
alized aerodynamic force. These are defined by

M=¢Tmg ; K=oTko
C=¢Tep , F=¢Tf and z=¢q ,

where ¢ is the generalized deflection.
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STATIC FLEXIBLE CASE

The flexibility of the structure comes into the calculation through stiffness (K) and generalized
mode shapes (#). The steps involved in computing the static flexible equilibrium aerodynamics are
given below:

1. Solve rigid aerodynamics for lift force.

2. Solve Kg=F = {z} = [¢] {q}

3. Increment {z} in smaller steps and compute modified aerodynamic force, Figure 4.
4. Repeat Step 2.
5

. Continue until {z} and lift converge.

¥ 4
! FLEXIBLE
{z}
RIGID
LIFT FORCE

Fig. 4. Incremental Shape Change for Static Flexible Calculation
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DYNAMIC FLEXIBLE CASE

The aerodynamics and the structural response are computed in a time accurate fashion "1sing

internal Newton iterations. The various steps involved in this computation are

1.

=

Compute rigid aerodynamics.

2. Compute static flexible for a given dynamic pressure Q.

3. Set up an initial perturbance by perturbing either ¢ or ¢ of any mode.
4,
5
6

Solve M§+ Cg+ Kq=F = {z}.

. Compute z,,yr,2, on the surface.

. Define z,y,,2, for each field grid point allowing their values to go to zero at outer boundary,

Figure 5.
Compute new grid location z"*! = z" + z,Ar, .- and new metrics.
Converge aerodynamics using internal Newton iteration.

Repeat Step 4. (For prediction of flutter @ gradually vary @ and monitor generalized modal
deflections.)

MOVING

BODY STATIONARY
OUTER
BOUNDARY

Fig. 5. Grid Update for Dynamic Flexible Calculations

{ ~\3
o
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OTHER FEATURES OF AERODYNAMIC/AEROELASTIC PROCEDURE
e Aerodynamics solved by triple approﬁmate factorization scheme %% = L¢L¢Ly,
o Wake cut modeled by unsteady vorticity convection equation
e Implicit boundary conditions
o Internal Newton iteration for time accuracy.
Code Capabilities
e Static Rigid

e Dynamic Rigid
o Static Flexible
e Dynamic Flexible

184



FLEXIBLE WING MODEL

Figure 6 shows the planform shape of a flexible low aspect ratio fighter wing. A sectional
airfoil profile is also shown in Fig. 6. Note that there are two bumps in the lower section which are
due to the leading edge and trailing edge control surface actuators. This model was designed and
built by Rockwell and currently is being tested in NASA Langley Research Center’s 16 foot TDT

wind tunnel.

SPANWISE STATIONS (inches)
50 40 30 20 10 0

T —T I 1 | = 25
MODIFIED BODY REGION7/ .
/ o
x
= g
/ 450 2
[77]
m
wn
-
>
=
— 75 g
(7]
;§

———

~1_| g

\—. 100

AIRFOIL SECTION
WITH ACTUATOR BUMPS

1st BUMP 2nd BUMP
AT 25% x/c AT 75% xl/c

Fig. 6. Planform Shape of a Flexible Fighter Wing
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NATURAL MODE SHAPES

Figure 7 shows the first ten natural frequency mode shapes for aeroelastic analysis. Mode
shapes are prescribed at every grid point on the wing surface.

ORIGINAL PAGE IS
OF POOR Q!'a* Ty

MODE 1 MODE 2 MODE 3 MODE 4
6.33 Hz 10.27 Hz 13.92 Hz 22.73 Hz

Y a4F
.".‘

MODE 9 MODE 10
54.03 Hz 55.96 Hz

Fig. 7. Selected Mode Shapes for Aeroelastic Analyses
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RESULTS FOR STATIC FLEXIBLE CASE .

Figure 8 shows results for a static flexible computation at My, = 1.15, a = 6° for two different
dynamic pressure conditions. () = 0 corresponds to the rigid case. The deflected shape of the wing
for () = 288 psf shows the nose down rotation of the airfoil near the wing tip resulting in tip load
reduction. This is essential for the wing to be aeroelastically stable.

7
]
/
/
/
e ]
= ———\
= T \
——
GEOMETRY UPPER Cp LOWER Cp \
RIGID (Q = 0)
—_—
= —
1 = \
DEFLECTED SHAPE UPPER Cp - LOWER Cp

| FLEXIBLE (Q = 288 psf) |

Fig. 8. Static Flexible Computation, M, = 1.15, a = 6°
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C1 VERSUS a FOR STATIC FLEXIBLE

The C, versus a curves at two different Mach numbers are shown in Fig. 9. Table 1 shows the
change in total lift coefficient between rigid and flexible cases for different Mach numbers, angles
of attack, and @ conditions.

M @ Q(psf) CLicu ClLoe Cliiga
ml_(;; R 1.6 335 0.0785 0.0800 0.1450
1.15 0.5 230 0.0433 0.0400 0.0685
0.90 0.0 220 0.0446 0.0441 0.0637

Table 1. Comparison of Lift Coefficients between Rigid and Flexible Calculations

0.7 T T T | | | ! I
M=0.9 ’
0.6 - Q=35 psf , _ _
— PRESENT STUDY /

5 o---0 DATA //
E. 0.5 — -
w SLOPE =0.0678
8 0.4+ — -
w
w
(o]
o 0.3
E ' SLOPE = 0.0662
=
s — —
5 0.2
-

0.1 -~ .

o | 1 1 i | {
o} 2 4 6 8 10 0 2 4 6 8 10
ANGLE OF ATTACK, a (degrees) ANGLE OF ATTACK, «a (degrees)

Fig. 9. C versus a for the Flexible Wing
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STATIC FLEXIBLE WITH DEFLECTED CONTROLS

Figure 10 shows a similar static aeroelastic calculation with leading and trailing edge control
surfaces deflected. Also shown are the surface chordwise pressure distributions at various span
stations and a cross section of the wing with deflected control surfaces. The span stations where
the deflected control surfaces are present are drastically altered.

0.8 1 L 1 T
M., = 0.9, Q=37 psf

— PRESENT STUDY (FULL POTENTIAL/
0.7  AEROELASTIC CODE)

O TEST DATA

CONTROL SURFACES
DEFLECTION

6 g ~ 5.0°
brg =5.0°

o
=)

o
)
T

o—0 ORIGINAL
= CONTROL SURFACES

TOTAL LIFT COEFFICIENT, C_
o
>
I

0.3 DEFLECTED
BT T T e \\\\ \\ ‘\‘\\‘\‘“\“\“ |
°3 . \“\\‘ Uy
oaf T o - éé
— 1

ANGLE OF ATTACK, (DEGREES)
Fig. 10. Static Aeroelastic Computations with Deflected Control Surfaces
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DYNAMIC FLEXIBLE CASE

Figures 11-13 show results for dynamic aeroelastic computations at three different dynamic
pressures (Q). Figure 11 is for @ < QFlutter- The structure is aerodynamically stable as shown by
the decaying amplitudes of various quantities. Figure 12 is exactly at the flutter dynamic pressure.
The value for the flutter Q was obtained by the nonlinear aerodynamics/aeroelastic code through
numerical search. Exactly at the flutter Q, the dynamic response of the structure does not decay as
shown by results of Fig. 12. Figure 13 illustrates the structural response above the flutter Q. The
structure is aerodynamically unstable as shown by the growing amplitudes of various quantities.

-0.0
5'-0.005 GD ~ GENERALIZED DEFLECTION
Gh1 602 GUY D4 RGNS G066 HLDO7 GDB 609 6O ID
_0.10 2.0 o a . » . . o - . L)
> 1.3 /\
2 1.0
(8]
B 0 8 0.6 i S gt D )
1 -—-o——o——-o?-—o——oMH_._.
a ] TR
-
-0.8
: 0.06 -1.5
F 0.05
— t

Fig. 11. Dynamic Flexible Computation — below Flutter, Moo = 1.15, a = 0°, @ = 360 psf
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DYNAMIC FLEXIBLE CASE (CONTINUED)

-0.012
g GD ~ GENERALIZED DEFLECTION
_0.018 301 GO GD2 GO D4 605 606 GD7 60 B €09 6010

2
=
-

0.72 Q 1.2
g o
a 0.31——""" = e
a 0.24 @“ —- o
e

—0.6 3
W
. 0.076 .
o 0.067 -5
[ -t
0.058

Fig. 12. Dynamic Flexible Computation — at Flutter Point, Mo = 1.15, @ = 0°, Q@ = 490 psf

-0.01
CL -0.02
~-0.03
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W1 e 3 R4 Gy BN6 B/ EN B 6l 9 6O 1D
F 3.5y o e e e e e e e
S 105}
-
g o.06f 2.5
T
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, 0.096} 0.5 g
o -
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Fig. 13. Dynamic Flexible Computation — above Flutter, Mo = 1.15, a = 0°, Q@ = 550 psf
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The method of flux-vector-splitting used in the current study is that of Van Leer!.
The fluxes split in this manner have the advantage of being continuously differentiable
at eigenvalue sign changes and this allows normal shocks to be captured with at most
two interior zones, although in practice only one zone is usually observed. The fluxes as
originally derived, however did not include the necessary terms appropriate for calculations
on a dynamic mesh. The extension of the splitting to include these terms while retaining
the advantages of the original splitting is the main purpose of the present investigation.
In addition, the use of multiple grids to reduce the computer time is investigated. A
subiterative procedure to eliminate factorization and linearization errors so that larger
time steps can be used is also investigated.

PURPOSE

e Extend the Van Leer method of flux vector splitting
for use on moving meshes

e Investigate the use of multiple grids to reduce
! computer time

® Use of multigrid with a sub-iterative procedure
to eliminate factorization and linearization errors
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The upwind differencing in the present work is achieved through the technique of
flux-vector-splitting where the fluxes are split into forward and backward contributions
according to the signs of the eigenvalues of the Jacobian matrices, and differenced ac-
cordingly. The split-flux differences are implemented as a flux balance across a cell corre-
sponding to MUSCL (Monotone Upstream-Centered Schemes for Conservation Laws) type
differencing?. Here, the fluxes at each cell interface are formed from the metric terms at
the cell interface, and the state variables are obtained by upwind-biased interpolation of
the conserved variables.

FLUX VECTOR SPLITTING

| i-1/2 1+1/2
® Split fluxes into forward and
backward contributions o d g
F(@) = Fr@™) + F(a")
i-1 i i+1

® Use upwind biased approximation to
spatial derivatives

® Van Leer splitting
e Continuously differentiable
e Allows shocks to be captured with at most
two (usually one) interior zones
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In order to facilitate the derivation of the split fluxes, it is convenient to revert to the
one-dimensional Euler equations on a moving grid. The one dimensional Euler equations
express the conservation of mass, momentum, and energy for an inviscid, nonconducting
gas in the absence of external forces. The flux is written as a function of the density, speed
of sound, local Mach number relative to the moving grid, and the mesh speed.

ONE DIMENSIONAL EULER EQUATIONS

?(pJGJM;gt) =

196

.

4 )
P aM
£M
Y a
2/\ A 2 A
~d + - + -
U+eg

— = Mach number relative to moving grid




In deriving the splittings for a dynamic mesh, several requirements are placed on
the split fluxes: these requirements are identical to those originally imposed by Van Leer
for the fixed grid equations, with an additional constraint requiring simply that for zero
grid speed the split fluxes revert to those for a stationary grid. Eight requirements are
ultimately placed on the split fluxes of which the five most important ones are shown.

REQUIREMENTS FOR VAN LEER SPLITTINGS

® F(l:iey) = FHA:ey) + F(A: &)

o a?*/aa must have all eigenvalues = 0
aF /aQ must have all eigenvalues = 0

® oF*/a2Q must be continuous

F@:e,) for M = 1
F:e,) for M s -1

[ (a2
S L
Il Il

aF*/2Q must have one eigenvalue vanish for subsonic Mach numbers
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With the Mach number defined relative to the grid, the mass flux has the same form
as that of the fixed grid equations. Therefore the splitting of the mass flux for a moving
grid is the same as for the fixed grid equations. The momentum flux is split in a similar
fashion.

SPLITTING THE FLUX VECTORS

® Mass flux has identical form as for a stationary grid

e
FX(p,0,M) = + —[M = 1)2
4

® Momentum flux

A Y -1 2 t



The formation of the energy flux can now be obtained from a combination of the split
mass and momentum fluxes. The formation of the energy flux in this manner insures its
degeneracy, thereby guaranteeing shock structures with no more than two interior zones.

SPLITTING THE FLUX VECTORS

® Energy flux formed from combination of mass and momentum
fluxes ensures degeneracy

(f3) )
+ . A — + A + A
~2 1 1

C = — = ——— =

2 3
2(~2-1) ~2-1 2(~2-1)

@® Degenerate flux guarantees shock structures with no more
than two interior zones (generally one)
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The eigenvalues of the Jacobians of the split fluxes are shown for an exemplary grid
speed. All eigenvalues of F* are non-negative while all the eigenvalues of F~ are non-
positive. In addition, each has one eigenvalue vanishing for subsonic Mach numbers. The
differentiability of the fluxes is also indicated in the figure since the eigenvalues are repre-
sentative of the derivatives of the fluxes in canonical form and all are continuous over the
Mach number range.

At

EIGENVALUES OF aF /2Q (£,=0.5)

_ R 1 .
et | af
20 N
2 = .-‘.. 0 - T ——e
Elgenvalue | N r }
0 e T oo -2 E
-1 . 1 1 N S I 4 J -3 . L ] a1 PO
-2 -1 0 1 2 -2 -1 0 1 2
Mach number Mach number
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The method used to advance the solution in time is an implicit finite volume method?.
Since implicit methods allow much larger time steps than explicit methods, the allowable
time step is dictated more by the physics of the flow than by stability considerations. The
scheme can be either first or second order accurate in time and either first, second or
third order accurate in space. Since upwind differencing is employed, no explicitly added
artificial viscosity is needed and is therefore not used.

TIME ADVANCEMENT ALGORITHM

® Backward time Implicit algorithm
e Approximate factorization
e First or second order time accurate

® Finite volume implementation
® No explicity added artificial viscosity
® Explicit boundary conditions
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The basic algorithm utilizes approximate factorization to obtain the solution at each
time step. For three dimensions the algorithm is implemented in three steps, one for
each spatial direction. Using first order spatial differencing on the implicit side of the
equation, the scheme requires the solution of a system of block tridiagonal equations in
each coordinate direction and is completely vectorizable since the operations in each factor
are independent of the other two. For unsteady calculations, several sub-iterations can be
used at each time step to eliminate unwanted factorization and linearization errors.

THREE-DIMENSIONAL ALGORITHM

(l +3)+ ats’ A+ + At5+3'] A(AJ* = —AtAL((AJ’L)

2 & £
(] +i’.>+ At s f3++At6+ﬁ' Aa**= I+$ Aa*
N2 o L 2]

A

([ +$)+ At5-6+ + ats}c |aQ% = FI + 2 Aa**
A e & |

%t = 9% + AQ%

& =0 first order time

¢ =1 second order time
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Steady computations are compared with experiment for the F-5 fighter wing at four
freestream Mach numbers and an angle of attack of zero degrees. The mesh used in the
computations is a 129x33x 33 C-H mesh corresponding to 129 points along the airfoil and
wake, 33 points approximately normal to the airfoil, and 33 points in the spanwise direction,
17 of which are on the wing planform. For each Mach number, an inboard and outboard
span station are shown, corresponding to y/s=0.174 and y/s=0.8412, respectively where
y is the coordinate in the spanwise direction and s is the wing semi-span. The results are
generally in good agreement with the experimental data at both span stations for all Mach
numbers.

F-5 STEADY PRESSURE DISTRIBUTIONS
o= 0°vy/s = 0,1740
Theory 129x33x33

o Experiment

0 25 .50 75 1.00 0 25 .50 75 1.00
X/C X/C
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F-5 STEADY PRESSURE DISTRIBUTIONS
@=0°y/s = 0,8412

Theory 129x33x33
o Experiment

8 N

.2

0

-.2

A

_cp'z

0

-.2

0 ° -4

-.2 -.6
" | | 1 | | 1 | -.8 ! 1 1 1 1 ] | 1
0 .25 50 .75 1.00 0 .25 .50 .75  1.00

X/C X/C
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Computational results using both flux-vector-splitting and flux-difference-splitting*
are compared with experimental data for an NACA 0012 airfoil undergoing forced pitch-
ing oscillations. The freestreamm Mach number is 0.755, the reduced frequency is 0.1628
(based on chord), and the mean and dynamic angles of attack are 0.016 and 2.51 degrees
respectively., The results were obtained on a 193x33 C-grid using a time step of 0.10
requiring approximately 500 time steps to compute each pitching cycle. The computed
pressures using both flux-vector-splitting and flux-difference-splitting compare well with
the experiment at all angles of attack in the cycle shown. The shocks are all captured very
sharply with no oscillations. Results for the negative angles of attack are similar.

UNSTEADY PRESSURE DISTRIBUTION

NACA 0012 M_.= 0.755 k= 0.1628
og= 0,016 o= 2,51

Cp vs X/C Cp vs X/C
-2.0 — FVS alpha = 1.072 r —— FVS alpha = 2.346
—--FDS alpha = 1.096 s ——-FDS alpha = 2,466

o Experiment alpho = 1.09 ¢ Experiment alpha = 2.34

UNSTEADY PRESSURE DISTRIBUTION
NACA 0012 M..= 0.755 k= 0.1628
d0= 0-016 G.1= 2:51

(:p vs X/C Cp vs X/C

2.0 ——FVS alpha = 2.012 i ——FVS alpho = 0,590
-~-FDS alpha = 2,060 ! -—-FDS alpha = 0.605
1.0 o Experiment alphg = 2.01 o ¢ Experiment alpha = 0,52
Cp

-'q
A
1.2

0 2 N} .6 .8 1.0

Xx/C
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Although the time step allowed by the implicit method is much larger than that al-
lowed by explicit methods, the time steps used may still be relatively small so that resolving
the motion requires extensive computational effort, especially for three-dimensional flows
where the number of grid points used in the discretization of the flowfield may be large.
The multiple grid method has proven to be effective in reducing the computaional work for
steady flows, although little work has been done for unsteady flows. Jesperson® has shown
that the multigrid concept could be used to advance the solution in time on coarser meshes
while maintaining first order accuracy in time. The impetus is in reducing the computer
time by performing some of the calculations on coarser meshes where fewer operations are
required.

NONITERATIVE USE OF MULTIPLE GRID LEVELS

e Advance solution on coarser grids where computations
are inexpensive

e Addition of relative truncation error between
fine grid and coarser grid maintains high order
spatial accuracy
M@ - @M = - at (L @M <yl

® First order temporal accuracy



Results are shown comparing calculated lift and moment coefficients against experi-
mental data for the pitching NACA 0012 airfoil previously described. Also shown in the
figure are results obtained using the noniterative multiple grid technique for the time accu-
rate calculations. The lift and moment calculations are in excellent agreement between the
single level and two level cases. With three levels, however, the pitching moment exhibits

slightly larger disagreement with the single level results.

UNSTEADY FORCES AND MOMENTS

NACA 0012 Moo= 0.755 k= 0.1628
o= 0,016 o= 2,51

Lift vs alpha
o a
|2 [~
Lift
0 h-
—— 1 level DT=0.1
———~ 2 levels DT=0.1
-2 F — = 3 levels D7=0.1
& Experiment
-.ll 1 1 PO |
-3 -1 1 3

0l

02
Moment
0

-.02

—

Moment vs alphq

—— 1 level DT=0.1
-—--2 levels DT=0.1
—-~ 3 levels D7=0.1
a Experiment

207



208

Pressure results are shown at one point in the pitching cycle when one, two, and
three grids are used. As seen, the pressure distributions between the single level and two
level cases are virtually indistinguishable; the pressures obtained using three grid levels,
however, differ somewhat from the other two, particularly at the base of the shock. The
explanation for this lies partly in the fact that each of the coarse grids is influenced strongly
by the residual on the finest grid. Therefore, as the number of grid levels is increased, the
residual which is driving the problem has been evaluated at an earlier point in the cycle.
When only two grids are employed, the residual on the fine grid can be evaluated at the
correct angle of attack in the cycle so that no lag in the residual exists.

PRESSURE DISTRIBUTION FOR SINGLE AND MULTIPLE GRIDS
NACA 0012 M_ = 0.755 k= 0.1628
g = 0.016 ouq= 2,51

-2.0 1 __ 1 1evel alpha = -0.52
[ --- 2 levels alpha = -0,56
— "~ 3 levels alpha = -0.52




Results indicate that the use of multiple grids can give reasonably accurate results
while decreasing the computer time. Use of more than two grid levels, however, leads to
increasing errors.

NONITERATIVE USE OF MULTIPLE GRID LEVELS

e Solution using two grid levels are virtually
identical to single grid solution

e Two time steps are taken with only a slight
increagse in cost over a single step

e Use of more than two grids leads to
increasing errors
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Unsteady results for the F-5 wing are compared with experiment at a freestream Mach
number of 0.95 undergoing forced pitching motion where the mean angle of attack is zero
degrees, the unsteady amplitude is 0.532 degrees, and the reduced frequency based on root
chord is 0.264. The results have been computed on a 129x33x33 mesh using two grid
levels and a time step of 0.05 on each grid requiring approximately 250 fine grid time steps
per pitching cycle. The real and imaginary components of the pressure coefficients are
compared with experiment at two span stations. As before, the results show reasonable
comparison with experiment. However, the characteristic pressure spike at the shock is
somewhat aft of the experimental results indicating that viscous effects may be important.

UNSTEADY PRESSURE FOR F-5 WING
Moo= 0.95 k= 0,264 og= 0 o= 0,532

y/s = 0.1740
2 Cp vs X/C . Cp vs X/C
i Theory 2 levels 10 r —_Theory 2 levels {|129>=33>=<33
o Experiment i 9 Experiment
10 5
[al [al n n
0F 0
e W W .
a
-10 -5
-20 2 L i ] 2 1 n 1 " i | —10 I 1 n i 1 | 3 | N ]
0 2 N .6 .8 1.0 0 2 ] .6 .8 1.0
Xx/C Xx/C
Real component Imoginary component
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UNSTEADY PRESSURE FOR F-5 WING
Moo= 0,95 k= 0,264 o= 0 <= 0,532
y/s = 0.8412
Cp vs X/C Cp vs X/C
20 1 ——Theory 2 levels 10 — Theory 2 levelsf| 129><33x33
O Experiment [ o Experiment

-10

-20 s 1 z 1 v 1 L 1 A )
0 .2 A 6 .8 1.0
X/C X/C
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At each time step, several iterations of the algorithm may be carried out in order to
eliminate factorization and linearization errors. These subiterations may be done using
a multigrid method to accelerate the convergence at each time step. The benefits of the
subiterations are observed to be generally offset by the extra computational work required
at each time step.

ITERATIVE MULTIGRID ALGORITHM

A

Mm@l - ol = -ateh

e Repeated iterations at each time step will eliminate
factorization and 1inearization errors so larger
time steps can be taken

e Use of multigrid method accelerates convergence

e Benefits of larger time step generally offset
by extra computational work

e May be more beneficial for incomplete linearizations
or with "frozen” flux Jacobians
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CONCLUSIONS

Van Leer method of flux vector splitting extended
for use on dynamic grids

Use of coarser grids result in substantial reduction
of computer time with virtually no loss in accuracy

Use of multigrid to eliminate factorization and
linearization error only marginally beneficial

Results compare favorably with experiment for
two and three dimensional test cases
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Qutline

An implicit, two-factor, split flux, finite volume Euler equations solution
algorithm is applied to the time-accurate solution of transonic flow about an
NACA0012 airfoil and a rectangular planform supercritical wing undergoing pitch
oscillations. Accuracy for Courant numbers greater than one is analyzed. Freezing
the flux Jacobians can result in significant savings for steady-state solutions; the
accuracy of freezing flux Jacobians for unsteady results is investigated. The Euler
algorithm results are compared with experimental results for an NACA 0012 and a
rectangular planform supercritical wing (Figure 1).

e ALGORITHM
e TIME ACCURACY FOR COURANT NUMBERS GREATER THAN ONE
o FREEZING FLUX JACOBIANS

e COMPARISON WITH EXPERIMENT
e NACA0012
o RECTANGULAR SUPERCRITICAL WING

Figure 1
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Three Dimensional Euler Equations

The Euler equations model inviscid flow with entropy and vorticity being gener-
ated by shocks. Many unsteady flows of practical interest require that viscous
effects be included. One advantage of the Euler equations solution algorithm is that

,it is easily extended to include viscous effects.

‘ The three-dimensional time-dependent Euler equations in conservation form are
written in a general time-dependent boundary conforming curvilinear coordinate
system. This time-dependent coordinate transformation provides for a dynamic grid

that can follow the motion of the body (Figure 2). The details of this transforma-
tion are given in Reference 1.

3q , 3f 3z dh _
at i 90X g y | 0z 0

where

| T
q = Ev, pu, ov, pw, e

TIME DEPENDENT COORDINATE TRANSFORMATION

ff

£ = Ex,y,2,t) T = 1(t)
n = n(Xay;zat)

r = r(x,y,z,t)

3Q . 3F 3G  B8H

8Q , 3F , 3G , o _

5t 3t T an Tt
Figure 2
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Algorithm

An implicit split flux finite volume solution algorithm for the Euler equations
is obtained. Flux Jacobians with superscript L correspond to information
propagating in the positive curvilinear coordinate direction, and flux Jacobians
with superscript R correspond to information propagating in the negative curvilinear
coordinate direction. The equation is then factored into two factors as discussed
by Whitfield in Reference 2. The first equation of the two-pass scheme requires the
solution of a sparse lower block triangular system by a simple forward
substitution, while the second equation requires the solution of a sparse upper
block triangular system by a simple backward substitution.

This algorithm is first-order accurate in time and second order accurate in
space. A simple modification to use three point backward time differencing will
result in second order time-accuracy (Figure 3).

o FINITE VOLUME
e FLUX SPLIT
e IMPLICIT
[ 1+ ar(6f A~ + 8¢ A™ + 6 BY + 55y B® + 57 G~ + 67 C™) ] AQ"=-A-R"
WHERE
R" =6 F"+ 676"+ 8. H"
e TWO-PASS
[ 1+ Ar( 8¢ A%+ 6y B~ + 67 C%) ] X" = -A-R"

[ 1+ Ar(6¢ A% + 8B+ 5/C) ] AQ"=X"
Figure 3
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ORIGINAL PAGE IS

NACAOO12 221 x 20 'c' cria OF POOR QUALITY

All of the Euler computations for the NACAOO12 airfoil used the 221 x 20 'C'
algebraic grid shown below. The grid was generated using Joe Thompson's grid
generation code (Reference 3). See Figure 4.

N k
N, H
AN i
10NN 1

RHLALMAAAN

-~

7

/

A

NACADO12 221 x 20 ‘C’ GrID

Figure 4
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ORIGINAL PAGE IS

, OF POOR
NACA0012 Lift Coefficients QUALITY

Calculations were made for a NACAOO12 airfoil at Mach = 0.755 oscillating in
pitch about the 1/4 chord point with a reduced frequency of k = (wc/V ) = 0.1628.
The airfoil had a mean angle of attack = 0.016 degrees and an unsteady alpha = 2.51
degrees. Steady state solutions were obtained at the mean conditions prior to an
abrupt start of the oscillatory motion. The calculations were performed for four
complete cycles of motion. The figure below shows lift coefficient vs time for
three different time step sizes. DIMIN = 0.0l gave 5000 time steps per cycle of
motion and corresponds to a maximum Courant number of 10. DTMIN = 0.10 was 500 time
steps per cycle of motion and corresponds to a maximum Courant number of 100. DTMIN
= 0.20 was 250 time steps per cycle of motion and corresponds to a maximum Courant
number of 200. Lift coefficients were only slightly different for the various time
step sizes (Figure 5).

M=0.755, k=0.1628, MEAN ALPHA=0.016, UNSTEADY ALPHA=2.51

~ 221X20 ALGEBRAIC 'C’ GRID
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-
-0. 401 .01, 2nd ORDER
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.20, 2nd ORDER
P ATTACK {SCALED)
- i 1 i ]
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TIME
Figure 5
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NACA0012 Unsteady Pressure Distributions
340° of Oscillatory Motion

After 340° of oscillatory motion, the angle of attack is increasing through
-0.84 degrees, A shock has formed on the lower surface near the 44% chord location.
At this point in the motion, the shock is nearly stationary and of maximum strength.
The figure below shows the coefficient of pressure distribution along the airfoil.
Calculations were done using both first and second order time-accurate differencing
and various time step sizes. The results show that all the methods are nearly
equivalent for this case (Figure 6).

M=0.755, Unsteady Alpha=2.51, Mean Alpha=0.016, k=0.1828, 221X20 'C’ Grid
Two Pass Algorithm

-1.50

LOVWER SURFACE

.3
DTMIN=0.01, 2nd ORDER
--—--DTMIN=0.10, 2nd ORDER
-------- ~DTMIN=0.20, 2ad ORDER
"""""""" DTMIN=0.05, Lst ORDER
———-DTMIN=0.10, {st ORDER

] [+]
340° oF OscILLATORY MoTioN,  INCREASING THrousH -0.84

Figure 6
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NACAOO12 Unsteady Pressure Distributions
25° of Oscillatory Motion

Shortly after the next cycle of motion begins, the shock on the lower surface
starts to collapse and move forward., As the angle of attack increases through
1.09°, the shock speed becomes maximum. The figure below shows coefficient of
pressure along the airfoil for first and second order differencing and the same time
step sizes as in. Figure 5. Very little difference is observed between first and
second order solutions, but considerable difference in the shock location is noted
for different time step sizes. However, as noted previously, the difference in 1lift
coefficient is relatively small (Figure 7).

M=0.755, Unsteady Alpha=2.51, Mcan Alpha=0.018, k=0.1828, 221X20 'C’ Grid
Two Pass Algorithm

-1.50
LOYER SURFACE
-1.00}
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0.00} -
TIME=3.60
——DTMIN=0.01, 2nd ORDER
: --—-~DTMIN=0.10, 2nd ORDER
osof 00— ~-DTMIN=0.20, 2nd ORDER
-------------- DTMIN=0.05, 1st ORDER
i —~——-DTMIN=0.10, (st ORDER
1.00}
1 i 1 1 1 1 1 1 1
L3075 0.2 0.4 0.6 0.8 1.
X/C
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Figure 7
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\ Shock Location

Defining the shock location as the axial location where the pressure coefficient
equals the critical pressure (for Mach = 0,755, C_* = -0.5143), the figure below
shows shock location given at different time step sizes. The figure shows that the

} shock location appears asymptotic to a value as the time step decreases. This
indicates that reduction of the time step size below 0.01 should not be expected to
change the shock location appreciably (Figure 8).

0.34
t=3.60 a
0 FIRST ORDER
0.32F o SECOND ORDER
(o]
) a
~  0.30+
>
(o]
0.28}
a
°'%$.5o 200 ' 2100 20.50

-1.50
Log (At)
SHock LocaTions GIveN BY DIFFERenT TIME STEP SizEs

Figure 8
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Freezing the Flux Jacobians for Steady State Conditions

The implicit equations to be solved have the flux Jacobians as coefficients.
Since the flux Jacobians, AL, AT, BL, etc., are functions of the current values of
Q, they should be updated at each time step. However, D. L. Whitfield has shown
steady calculations in which he did not update (froze) the Jacobians and at
convergence obtained identical results with calculations updating the Jacobians each
time step. The table below shows the obvious computational savings by not doing the
extra calculations each time step (Figure 9).

RO BFL(Q), AR _ aFR(Q), gL - BGL(Q),

3Q © o 9Q 3Q
CPU SEC
CYCLES CPU SEC MWD RESID POINT- CYCLE

IMPLICIT 4 _s
UPDATING 250 3492 3.26 10 7.8-10
JACOBIANS
IMPLICIT » s
FREEZING 250 1527 3.26 10 3.4-10
JACOBTIANS

(8 BLOCK FINNED BODY CALCULATION)

Figure 9
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Freezing the Flux Jacobians for Unsteady Calculations

The effect of freezing the Jacobians for unsteady calculations were studied
using the oscillatory NACAOOl2 as the test case. The conditions tested were the
same as previously shown. The table below again shows the obvious savings from
updating every 10th step (which equates to 3.6° of oscillatory motion) and for
never updating the Jacobians. The case listed as never updated used Jacobians from
the steady state condition just prior to start of motion. Other cases tried were
Jacobians from the freestream starting conditions, updating every 25th step and
updating every 50th step. Each of these resulted in stability problems (Figure 10).

RNy STEPS CPU SEC poftt Sees PERCENT
Every STep 4510 1716 8.61x107 100%
Every 10TH STEP 5400 1382 5.79x10™° 672
Never UPDATED 5400 1311 5.49x107> 64%

NACA0012 PITCHING ABOUT 1/4 CHORD

Figure 10
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Effect of Frozen Jacobians on Lift Coefficient

Lift coefficient vs time for each of the two frozen Jacobian cases which proved
to be stable are compared with the solution from updating every time step. All
three solutions used lst order time-accurate algorithm and a time step size of 0.05.
One cannot discern a difference in the three curves shown below (Figure 11).

M=0.755, Unsteady Alpha=2i51, Mean Alpha=0.016, k=0.1628, DT=0.05
0.60 T

0.20 //r\\ //\\ //\\ //\\ //\\

.oo// / / /' /
NEYEYENE
V/AVERAV/ IRV,

JACOBIAN UPDATE
FREQUENCY
-0.60 — FEVERY STEP
———— EVERY | 10th %TEP
--—-—NEVER |UPDATED

0.40

LIFT COEFFICIENT
=

-0.40

-0.80
0 0. 360. 720. 1080. 1440.

TIME (DEG)

Figure 11
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NACAO012 Unsteady Pressure Distributions
25 Degrees

A plot of pressure coefficlent along the body for the three cases at 25 degrees
of oscillatory motion is shown below in Figure 12, This is the same flow condition
described earlier, when the angle of attack 1s increasing through 1.09 degrees and
the shock speed is near a maximum as the shock on the lower surface collapses. Very
little difference is noted in the three curves with the only perceivable difference
being in the shock location similar to the results shown in Figure 7.

M=0.755, Unsteady Alpha=2.51, Mean Alpha=0.016, k=0.1628, 221X20 'C' Grid
Two Pass Algorithm, DT=0.05, 1st-Order in Time

-1.50
o 25 DEG
JACOBIAN UPDATE
-1.00f FREQUENCY
Cp EVERY STEP

————— EVERY 10th STEP
--— --NEVER UPDATED

1.00F
150 | | | { | | l f i
0.0 0.2 0.4 0.6 0.8 1.0
X/C
Figure 12

227




of oscillatory motion is shown below.

and moving downstream.

location.
the shock (Figure 13).
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M=0.755, Unsteady Alpha=2.51, Mean Alpha=0.016, k=0.1628, 221%X20 'C' Grid
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.50

.00

.50

.50

NACA0012 Unsteady Pressure Distributions

70 Degrees

Two Pass Algorithm, DT=0.05, lst-Order in Time

A plot of pressure coefficient along the body for the three cases at 70 degrees
This condition is when angle of attack is
increasing through 2.37 degrees and the shock on the upper surface is strengthening
Again, the three solutions are identical except at the shock
Note that the never updated Jacobian shows a slight ringing action near

00

00F
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JACOBIAN UP
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//////JI_Q*QN\ ———-EVERY 10th
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Figure 13
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NACA0012 Lift Coefficients

A comparison of calculated lift coefficients with the experimental results of
Landon (Reference 4) is given in Figure l4. The experimental results were given for
one cycle of motion and are duplicated through four cycles on the figure to compare
to the calculations. Examination of experimental 1ift coefficient reveals a bias
towards positive lift not consistent with the small mean angle of attack reported
for the symmetric airfoil. A correction to the mean angle of attack was calculated
to account for this bias. The following figures show calculations using both the
nominal angle of attack of 0.016 degrees and thg 'corrected' angle of attack of
0.375 degrees. The freestream Mach is 0.755, reduced frequency is 0.1628, and the
unsteady angle of attack amplitude is 2.51 degrees.

M=0.755, k=0.1628, UNSTEADY ALPHA=2.51
221X20 ALGEBRAIC 'C’ GRID

LIFT COEFFICIENT

DTHIN=0.10, 2nd ORDER, NEAN ALPHA=0.016
———-DTMIN=0.10, 2nd ORDER, MEAN ALPHA=0.37%
. O  EXPERINENT

-------------- ANGLE OF ATTACK

L I
0. 50. 100. 150. 200. 250.
T IME

Figure 14
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NACAO0O012 Moment Coefficients

Moment coefficients do not compare with experiment as well as 1lift, particularly
for the negative moments. The 'corrected' mean alpha of 0.375 did not improve the
comparison (Figure 15).

M=0.755, k=0.1628, MEAN ALPHA=0.016, UNSTEADY ALPHA=2.51
221X20 ALGEBRAIC 'C* GRID

0.02r

=

Z

= 0.0l

o

e

=

= .

= 0.00

@)

£

5

S -0.01

O

=

DTMIN=0.10, 2nd ORDER, MEAN ALPHA=0.016
-0.02+ —~ TDTMINSO.10. 2nd ORDER. MEAN ALPHA=0.375
-------------- ANGLE OF ATTACK
L L [ l
0. 50. 100. 150. 200. 250.
TIME
Figure 15

230



ORIGINAL PAGE IS
OF POOR QUALITY

NACA0012 Unsteady Pressure Distributions

The comparison of calculated and experimental pressure distributions is shown in
Figures 16 through 21.

M=0.755, Unsteady Alpha=2.51, Mean Alpha=0.016, k=0.1628, 221X20 'C’ Grid
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Figure 16
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M=0.755, Unsteady Alpha=2.51, Mean Alpha=0.016, k=0.1628, 221X20 'C' Grid
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Figure 17
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NACA0O0!2 UNSTEADY PRESSURE gg%TRIBUTION%

M=0.755, Unstecady Alpha=2.51, Mean Alpha=0.016, 628, 221X20 'C’ Grid

-1.50

11]
TIME=16.345
0.50 EXPER IMENT
@ UPPER SURFACE
¢ LOWER SURFACE
DTMIN=0.10, 2nd ORDER
TR 1] — DTMIN=0.10, 2nd ORDER, MEAN ALPHA=0.375
1 1 1 1 | 1 i ] 1
1505 0.2 0.4 0.6 0.8 1.0
X/C
Figure 18

NACA0O12 UNSTEADY PRESSUR% &g%TRIBUTIONS

N=0.755, Unsteady Alpha=2.51, Mecan Alpha=0.01 628, 221X20 'C’ Grid
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Figure 19
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NACA0O012 UNSTEADY PRESSUR%J

M=0.755, Unsteady Alpha=2.51, Mean Alpha=0.01
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Figure 20
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Rectangular Supercritical Wing

Euler calculations were performed to compare to the experimental results of
Ricketts, et al (Reference 5). Calculations at a higher reduced frequency, k =
0.714, compare similarly to those presented here, k = 0.358. At higher Mach
numbers, however, the comparison was much poorer due to mislocation of the shock by
the inviscid Euler code. The time step size used resulted in 360 time steps per
cycle of motion for the k = 0.358 case. Maximum Courant numbers near 500 occurred
in the vicinity of the wing tip for this time step size. Fourier analysis of the
third cycle of oscillation yielded the magnitude and phase of the unsteady pressures
shown on subsequent figures. The three cycles of motion used 6357 seconds on a CRAY
X-MP (Figure 22).

o EXPERIMENT BY RICKETTS SANDFORD, WATSON, AND SEIDEL
NASA TM 85765, AUG 8

o RECTANGULAR PLANFORM, ASPECT RATIO 4 (FULL SPAN)
o 12% THICK SUPERCRITICAL AIRFOIL
¢ USCILLATORY PITCH ABOUT 467 CHORD

o CONDITIONS
o MACH 0.70
o 4 DEGREES MEAN ALPHA
o ONE DEGREE UNSTEADY ALPHA
o REDUCED FREQUENCY = 0.358 = 2

Figure 22
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Rectangular Wing Blocked Grid OF PCOR QUALITY

The wing calculations were carried out on a grid broken into four blocks to
obtain the solution using only 2.6 million words of memory. The entire grid has
dimensions 101x25x27. Block I contains all points below the wing, Block II contains
points wrapping around the wing tip, Block III contains all points above the wing,
and Block IV contains all points downstream of the wing (Figure 23). The method used
to obtain time-accurate solutions on blocked grids is described in Reference 6.
Motion of the wing is modelled by pitching the entire grid containing the wing as a
rigid body using the time-dependent coordinate transformation described earlier.

BLOCK III™
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Figure 23

235



Rectangular Wing Pressures
at 60% Semispan

Steady pressures compare fairly well. There is a slight overshoot at the
leading edge and the captured shock is aft of the experimental location (Figure 24),.
Unsteady pressure magnitude compares well except that the shock spike is downstream
of the experimental location. Unsteady pressure phase calculations show excellent
agreement up to the highly cambered trailing edge where the experiment and
calculation differ slightly (Figures 25 and 26).

RECTANGULAR SUPERCRITICAL WING
STEADY PRESSURE DISTRIBUTIONS

Mach 0.701; 4.0 degrees Angle of Attack
-2.00
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Cp
-1.00
-0.50
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0 50k UPPER SURFACE ~~_DO
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H EXPERIMENT ﬁ/b = 0.58
0 UPPER SURFAC
1-00r o LOWER SURFACE
1 1 1 ] i ! 1 1 1
0.0 0.2 0.4 0.6 0.8 1.0
X/C

Steapy PRessURE AT 60% SEMISPAN

Figure 24
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MAG

PHASE

RECTANGULAR SUPERC RITICAL VING
NSTEADY PRESSURE DISTRIBUT!ON
Mach 0.7; 4 ‘deg Steady Alpha; 1 deg Usl:ady Alpha

0.70

CALCULATED, b=0.62
0.60F _ CALCULATED. b
———-LOWER SURFACE

i EXPERINENTAL, y/b=0.58
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Figure 25

RECTANGULAR SUPERCRITICAL WING
UNSTEADY PRESSURE DISTRIBUTIONS
Nach 0.7; 4 deg Steady Alpha; 1 deg Unsteady Alphs
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Figure 26

237



Rectangular Wing Pressures
at 957 Semispan

Steady pressures shown in Figure 27 underexpand slightly in the leading edge
region but follow the experimental results very closely thereafter. The peak in
unsteady pressure magnitude shown in Figure 28 near the leading edge is likewise
calculated to be smaller than experiment. Phase results shown in Figure 29 are in

excellent agreement.

RECTANGULAR SUPERCRITICAL WING
STEADY PRESSURE DISTRIBUTIONS
Mach 0.701'; 4.0 degrees Angle of Altack
-2.00
-1.50F
Cp
-1.00
-0.504
0.00
sl N
CALCULATED b =0.95 ~
0 50} CobshLaTER o/ aab N N
adf ———-LOWER SURFACE
r EXPERIMENT y/b = 0.95
o UPPER SURFACE
1.00f o LOWER SURFACE
1 1 1 1 1 1 1 1 1
0.0 0.2 0.4 0.6 0.8 1.0

X/C
STEADY Pressure AT 957 SEMIsSPAN

Figure 27
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RECTANGULAR SUPERCR[TICAL WING
STEADY PRESSURE DISTRIBUTION
Nach 0.7; 4 deg Stcady Alpha; | deg Uslendy Alpha

CALCULATED, E/b=0.95
0.601 ——UPPER SURFAC
———-LOWER SURFACE

EXPERINENTAL, y/b=0.95
0.50F 0 UPPER SURFACE
O LOWER SURFACE

MaGNITUDE AT 957 SeMISPAN

Figure 28

RECTANGULAR SUPERCRITICAL WING
EADY PRESSURE DISTRIBUTIONS
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Figure 29
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CONCLUSIONS
TIME-ACCURACY CAN BE OBTAINED AT
COURANT NUMBERS MUCH GREATER THAN ONE

FOR THE CASE PRESENTED, FREEZING FLUX
JACOBIANS HAD LITTLE EFFECT ON TIME-ACCURACY

EULER CALCULATIONS COMPARE WELL WITH NACA0012
AND SUPERCRITICAL WING EXPERIMENT

VISCOSITY REQUIRED TO ACCURATELY MODEL
SUPERCRITICAL WING

Figure 30
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GUIDELINES FOR PRELIMINARY ASSESSMENT

Since emphasis is on the transonic speed range, special importance is
placed on configurations for which available data are sufficient to define
accurately a transonic flutter boundary. Only configurations with clean,
smooth surfaces are considered suitable. Segmented models or models with
surface-slope discontinuities (e.g., beveled flat plate) are inappropriate.
Excluded also, in general, are configurations and data sets that involve
behavior that is uncertain or not well understood, uncertain model
properties, or known sensitivities to small, variations in model properties.
These may represent challenging research opportunities but do not seem
appropriate as standard configurations.

‘@ Emphasis on transonic speed range
@ Configurations with clean, smooth surfaces
e |solated surfaces now

- Two- and three-dimensional
- With or without control-surface deflections
- Conventional or supercritical airfoils

@ Well-defined configurations/data sets

e Geometrical properties
e Structural properties
oFlow properties

® Subcritical-response data as well as flutter data
@ Exclude:

o Complicated shapes and flow

e Configurations/tests likely to involve

- Flow separation

~Uncertain model properties

- Uncertain behavior

~ Sensitivity to variations in model properties
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RESPONSE TO SURVEY

Several years ago, the AGARD Structures and Materials Panel selected
two-dimensional and three-dimensional standard lifting-surface
configurations (refs. 1 and 2) to provide a common basis for comparison of
pressures and forces calculated by the emerging transonic unsteady
aerodynamic codes in order to assess how well these methods model the
essential flow physics. It is appropriate now to designate a similar set of
configurations as "standard" for the comparison of transonic flutter
characteristics and dynamic response (either forced or turbulence-excited)
in order to assess how well these codes do the job for which they were
intended, namely, predict aercelastic behavior. 1In order to assess the
suitability of configurations already tested and the associated data for
designation as "standard", a survey of AGARD member countries has been
conducted to seek candidates for the prospective set. The results of that
survey were given in reference 3 and are summarized here along with the
initial selection of a standard configuration.

The survey produced no particular surprises in terms of the unexpected
abundance or deficiency of specific kinds of data and information. It was
no surprise, for example, that suitable data do not appear to be available
from the industry. The high-aspect-ratio transport-type wings that have
been flutter tested generally had pylon-mounted nacelles attached and hence
are not considered suitable for the initial set of standard configurations.
Similarly, the low-aspect-ratio fighter-type models generally had stores
attached. Clean-wing configurations have been tested for flutter clearance
but were not often taken to hard flutter points in order to preserve the
model for subsequent tests with a variety of store configurations.

®No particular surprises

® Suitable data not available from industry
eHigh-aspect-ratio wings have nacelles
eLow-aspect-ratiowings have stores

245



246

RESULTS

The examination and assessment of configurations and data sets
suggested in the course of the survey have led to the delineation of seven
configurations which appear to be suitable for use as AGARD standards. All
of the configurations are isolated clean wings tested in slotted-throat
tunnels. With the exception of the tunnel-spanning two-dimensional
configuration, all were side-wall-mounted semispan models. No significant
flow separation appears to have occurred during the tests, and the angles of
attack, static deformations, and motions were small enough to minimize that
concern.  However, adequate experimental. data sets presently exist for only
three of these configurations.

® Seven configurations appear suitable for AGARD standards

eFour swept wings -
e Two unswept wings
eOne two-dimensional wing

®All were

e [solated, clean wings
e Wall-mounted semispan models (except 2D)
eTested in slotted-throat tunnels

®Adequated experimental data sets exist for only three of these
configurations



PLANFORM AND MEASURED NODE LINES OF WING 445.6

The first configuration to be tentatively accepted as an AGARD standard
is designated "Wing 445.6". Wing U4U5.6 identifies the shape of a set of
sweptback, tapered research models which were flutter tested in both air and
Freon-12 gas in the 16 foot x 16 foot NASA Langley Transonic Dynamics Tunnel
(ref. 4). The first digit of this numerical designation is the aspect
ratio; the second and third digits indicate the quarter-chord sweep angle;
and the last digit is the taper ratio. These wings had NACA 65A004 airfoil
sections with no twist nor camber, and were tested at zero angle of attack
(fully symmetrical conditions). They were of solid homogeneous
construction. For testing, each wing was cantilever-mounted from the tunnel
wall with no simulated fuselage. The wing root was thus immersed in the
wall boundary layer. Since the model was cantilevered, however, little
motion occurred near the root so that portion of the wing contributed
very little to the generalized aerodynamic forces driving the flutter
motion. Consequently, the effect of wall boundary layer on measured
flutter characteristics should not be significant as long as the boundary-
layer thickness is a small fraction of the model span, as it was for these
tests.
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——— PFirst torslon mode
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This configuration and associated data are recommended for several
reasons.
(8.5 to 260 overall as shown here).

MASS RATIOS FOR WING u445.6

The tests in air and freon covered a very wide range of mass ratio

At Mach number 1.0, mass-ratio values

were about 12, 34, and 250, the last two values being for models of
uniformly reduced stiffness.
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FLUTTER-SPEED INDEX FOR WING 445.6

The transonic dip is defined, including the supersonic side, and data
extend also well into the subsonic range. Very good repeatability of data
was shown. Flow over the wing was not complicated by the interference
effect of ‘a simulated fuselage. Moreover, since the model and flow were
fully symmetrical, the flutter data are not complicated by the effects of
static aeroelastic deformation. Finally, note that a limited amount of data
was obtained with models of different sizes and with a sting-mounted full-
span model, but only in the low subsonic range.
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WING 445.6

The features that make wing Ui5.6 attractive as a standard
configuration are summarized in this figure.

Reasons recommended:

e No twist, camber, angle of attack - therefore, no static aeroelastic deformation
e Cantilever-mounted with no fuselage - therefore, no interference flow

® Tests covered large range of mass ratio

e Transonic dip fully defined

e Good repeatability of flutter data

Information not available:
e Mode shapes not measured, but have been calculated
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FLUTTER-SPEED INDEX FOR TF-8A WING

The TF-8A wing and associated data sets constitute the most complex of
the candidate configurations considered in reference 3. Two models of this
wing were tested in air and in Freon-12 (refs. 5 and 6). The models were
mounted on a half fuselage for testing and were as nearly identical as
possible except one had a supercritical airfoil, and the other had a
conventional airfoil. The data obtained in Freon for both wings for angles
of attack near zero (ref. 5) show little scatter, extend well into the
subsonic range, and include a well-defined transonic dip. Moreover, the
flutter boundary for the wing with supercritical airfoil has been closely
predicted by modified strip analysis (ref. 6). A limited amount of flutter
data obained in air for the supercritical wing at angles of attack between
0° and 3° (ref. 7) shows a drastically detrimental effect of angle of
attack, even at only one or two degrees. The unconventional shape of the
flutter boundary for nonzero angle of attack has been shown by modified-
strip-analysis calculations to be generated by large variations in mass
ratio (refs. 7 and 8), although static aeroelastic deformation apparently
has an influence as well.
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TF-8A WING

The features that make the TF-8A wing models attractive as standard
configurations are summarized here. Note that calculation of flutter
characteristics for these models should include also calculation of the

aeroelastically deformed shape and associated static loading about which the
flutter oscillation occurs (refs. 7 and 8).

Reasons recommended:

® Data for wings with conventional and supercritical airfoils
e Flutter boundary well defined, including transonic dip
eTests covered large range of mass ratio

e Data include effects of nonzero angles of attack

eShapes, frequencies, and generalized masses for six modes measured
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SUPERCRITICAL TRANSPORT WING

The high-aspect-ratio supercritical transport-type wing shown here has
been studied extensively at NLR Amsterdam (refs. 9 and 10). This research
wing was tested in the presence of a simulated fuselage, but was attached at
the root to an X-section flexure which added a pitch degree of freedom to
the usual deformations of the wing itself. The flexure, in turn, was
attached to a turntable in the tunnel wall which permitted changes in angle
of attack. The torsional stiffness of the wing itself appears to be
sufficiently high to avoid twisting deformations large enocugh to cause any
significant amount of flow separation.
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Global view of flutter model and support.
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FLUTTER CHARACTERISTICS OF SUPERCRITICAL TRANSPORT WING

The flutter tests of this wing were performed with great care and
precision. A considerable amount of subcritical-response data appears to
have been taken during the approach to flutter conditions. The
exceptionally large number of flutter points obtained show very little
scatter and are sufficient to define with great accuracy the transonic

flutter boundaries for nominal angles of attack of -0.350, 0.850, and 2.050.
It is particularly noted that' the double trahsonic dip shown for 2.050 is

remarkably like that calculated for the TF-8A wing at 2.00° (ref. 7). The
flutter boundaries for the supercritical transport wing, however, do not show
the backward turn which was found experimentally for the TF-8A wing at positive
angles of attack.
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SUPERCRITICAL TRANSPORT WING

The features that make the supercritical transport wing attractive as a
standard configuration are summarized here.

Reasons recommended:
o Flutter boundary very well defined, especially transonic dip
Many flutter points, little scatter
e Subcritical-response data taken
e Data include effects of nonzero angles of attack
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STATUS ASSESSMENT - GENERAL

The assessment of available and needed data and information given here
is based on a perception of requirements for the establishment of AGARD
standard configurations, not on research needs. The two are, of course,
closely related, however. Three rather obvious general comments are
pertinent: First, high-Reynolds-number data are obviously needed for all
types of configurations for closer simulation of aircraft flight conditions.
These data are also needed for standard configuration/data sets. Second,
data are needed for configurations which incorporate some degree of control-
surface deflection in their modes of motion. 1In the absence of suitable
control-surface data of this type, control-surface effects must be evaluated
by comparisons of calculations with measured aerodynamic data (e.g., refs. 2
and 11). Third, in any subsequent tests of the recommended configurations
or other prospective candidates, suberitical-response data should be
recorded as flutter is approached. These data are needed to assess the
accuracy and validity of calculated subcritical response (which may be
amplitude-sensitive) as well as to provide information for the continuing
assessment of methods for extrapolating to flutter points. Static
aeroelastic deformation should also be measured, if at all possible.

Based on a perception of requirements for AGARD standard configurations,
not on research needs

® High-Reynolds -number data are needed for all types of configurations

eFor closer simulation of aircraft flight conditions
eFor closer, more valid comparisons with calculations by

- Inviscid-flow theories
—Viscous/inviscid interaction methods
~ Navier -Stokes solutions

® Data are needed for configurations with control-surface deflections

eFor assessment of calculated contol-surface behavior and influence
on flutter

eFor active-control studies

@ In future tests subcritical -response data and static aeroelastic deformations
should be recorded as flutter is approached



STATUS ASSESSMENT - CONFIGURATIONS

Moderate-to~High-Aspect-Ratio Wings.- The three configurations listed
provide reasonably adequate representation of moderate-to-high-aspect-ratio
wings at moderate Reynolds numbers. Some pecularities in the effect of
angle of attack on the transonic dip for supercritical wings have been
delineated; models still exist for further testing as needed.

Low-Aspect-Ratio -Swept Wings.- The greatest current deficiency appears
to exist for low-aspect-ratio (fighter-type) swept wings. As indicated
previously, design-related testing of such models in clean-wing
configuration has usually not been taken to hard flutter points, Flutter
tests are needed for low-aspect-ratio highly-swept wings at zero to
moderately high angles of attack., The free-vortex-dominated flow over such
wings is known to increase structural loads and decrease flutter speeds
relative to those for attached flows. Methods for calculating such flows at
transonic speeds, steady and unsteady, are emerging, and experimental data
are needed for validation.

Two-Dimensional Wings.- The survey did not reveal the existence of any
transonic flutter data for two-dimensional wings. However, planned tests of
the MBB-A3 supercritical airfoil at DFVLR G8ttingen and at NASA Langley may
provide the needed data sets.

® Moderate-to-high -aspect-ratio wings:

eWing 445. 6, TF-8A wing, supercritical transport wing provide reasonably
adequate standards for

— Moderate Reynolds numbers

— Conventional and supercritical wings with and without twist and camber
— Effects of zero and nonzero angles of attack

— Subcritical response data exist

® Low-aspect-ratio swept wings:

o Greatest deficiency in configurations and data indicated by survey
eFlutter tests are needed for low-aspect -ratio highly swept wings at zero

to moderately high angle of attack (free-vortex-dominated flow)

® Two-dimensional wings:

eNo transonic flutter data appear to exist
e Imminent tests at DFVLR and NASA should fill need
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SYMBOLS

M freestream Mach number

Po freestream stagnation pressure

VI flutter-speed index

o steady-state (or mean) angle of attack at wing root
M, mass ratio
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